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Section 5, Lecture 1:
Review of Idealized Nozzle Theory

Summary of Fundamental Properties and
Relationships

Sutton and Biblarz, Chapter 3
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Fundamental Properties of Supersonic
and Supersonic Flow
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Fuel " Oxidizer|
'
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... Hence the shape of the rocket Nozzle
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What 1s a NOZZLE et (Oxidise

Combustion
Chamber

* FUNCTION of rocket nozzle is to convert thermal energy
in propellants into kinetic energy as efficiently as possible _—

* Nozzle is substantial part of the total engine mass.

* Many of the historical data suggest that 50% of solid rocket failures
stemmed from nozzle problems.

The design of the nozzle must trade off:
1. Nozzle size (needed to get better performance) against nozzle weight
penalty.

2. Complexity of the shape for shock-free performance vs. cost of
fabrication
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Diagram for a Typical Nozzle
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Stagnation Temperature, Pressure for
Adiabatic, Isentropic Flow of a Calorically Perfect Gas

« Stagnation temperature is a measure of the

DAL _ * In Isentropic Nozzle, T, P, are constant
Kinetic Energy of the flow Field.

T
T, (y-1) . , T(x)= 0
—=l+—M 1+ M(xy
T 2 5
» Stagnation (total) pressure:
Constant throughout Isentropic Po

flow field P(x)=

Dy :[To }ﬁ :[1+ (v —I)Mz}” (ler_lM(x)zjy_1
p LT 2 \ ’
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Nozzle Mass Flow per Unit Area

* maximum
Massflow/area
Occurs when
When M=1

=
=
~

0

A, p,

3
Nondimensional massflow

I 1 1 1
0.0 05 1.0 1.5 20 25 z0 35 4.0 4.5 5.0

mach number
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Choking Massflow Equation

* maximum ( ([ )
Massflow/area f _| ™ E \/]T =
Occurs when A Do * A" p, V¢

When M=1

- Effect known \/}7 [ 2 ](:,—1) I
/4

as Choking in a , =

1
Duct or Nozzle _ 1) 26 Yt
[1+ (v )] ’
- i.e. nozzle will 2
Have a mach 1 i 1
throat mo |y ( ) \(:,_1) Py

N
P'*I
|
=
=]
\<
+
[o—
N—
5]
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Isentropic Nozzle Flow: Area Mach Relationship

* Consider a “choked-flow”
Nozzle ... (I.e. M=1 at Throat)

* Then comparing the massflow
/unit area at throat to some

Downstream station
y+1

m T, 2 o
SN J(J

y+1
. )
4
m Ty JR, = e
[1+_Mz]

2
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Isentropic Nozzle Flow: Area Mach Relationship

« A/A” Directly related to Mach number

* “Two-Branch solution: Subsonic, Supersonic

A 1 2 (y=1) ) [
A*‘MUHJLH 2 MJ

* Nonlinear Equation requires
Numerical Solution

Mach Number
pooww

* “Newton’s Method”

200 300 0 500 600 700 800

401
AsAx
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Engine Thrust Model (revisited)

* Steady, Inviscid, One-Dimensional Flow Through Ramjet

_”(p)c;fgzﬁ(pi;oc_lg); _—

C.S.

Thrust = ";'le‘/e - 7’;’li V. + (peAe - pA )

e
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Rocket Thrust Equation, revisited

mi =0 Thrust = r;ze V. + (peAe — poer)

» Thrust + Oxidizer enters combustion
Chamber at ~0 velocity, combustion
Adds energy ... High Chamber pressure
Accelerates flow through Nozzle
Resultant pressure forces produce thrust

ekl
UL
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UNIVERSITY Thrust Coefficient
For an isentropic nozzle Poem = F,
y+l [ 1'”2
C — Thrust _ 2 ( 2 ](7"‘) (p..) L A (P — P.)
F=pa  "\y-ily+1 L J /. A P

exit __

_\r
A 2 (r-1) 1
y_l i ! _1 2 (:’—1) 7
P 4 il bl [
_ S
P

2y
* C is a function of Nozzle pressure ratio \ [
1and back pressure only
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Thrust Coefficient Summary

Ideal Thrust Coefficient

-+l -1

C _ L = . 2 12 T P
vy—1 {v+1

pexit_poo
P

0

+ Aexit
P A

0

Optimal Thrust Coefficient — p . = p__

+l 7-1

CF:_Fthmst = . 2 12t 1| Pexit !
P-4 1 v +1 P

0

Maximum Thrust Coefficient — Expand NozzleUntil P_ ~ 0

7+l
C = - 2 [ 2 ]Wum Possible Thrust Coefficient for a Given
Fmax

v—1 ' v+1 Combination of Propellants
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Characteristic Velocity, C

A
‘/exit + . = (pexit - poo)
M exit

Define ....
C*:(})OA*]: Ce = Ce :Ce =
M exir M exit ‘ M exit ‘ Thrust CF
POA* e POA* M exit

* Let nozzle expand infinitely in Vacuum....

L L (7/_1), 1_ @ 7 +Aexit (pexil_poo)
y-1\y+1 R, AR

* The characteristic velocity is
figure of thermo-chemical merit
for a particular propellant and
may be considered to be
Indicative of the combustion

erformance of propellants.

2
exit >> Texit pexit,Texit sP.. — 0—
2 c,
* )/RgTO YRM
—C = y+1 -
2 -1 2
Y Y +1 Y Y +1

* Propellants that burn Hot
and have a low product Molecular
weight ... best C*
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GOX ABS Flame Temperature

Combustion temperature, deg. K

INechsnicSledrerospac e

Engineering

C”* of Given Propellants

MW

H202 HTPB Flame Temperature

Combustion temperature, deg. K

Mixture Ratio

MW

Gamma

Gamma

4 Mixture Ratio

Cstar, M/sec

O/F (Mixture) Ratio

Gamma

Gamma

Mixture Ratio

Cstar, M/sec

O/F (Mixture) Ratio
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Maximum /, of a Combustion Process
e from Earlier
_ Thrust Thrust/ P,A’ _C.-C

Toem  &MRA g,

* Assuming an infinitely expanded nozzle in a vacuum, Maximum Achievable Specific Impulse f
Selected propellants is

Il

y+1
] —CF C* — }/ 2 ( 2 j(y_l) yRu To
SP Max — -
—1 y+1 rt!
go go y 7/ 2 (}/—1) %74
4 Yy +1

MAE 5540 - Propulsion Systems



Stephen Whitmore


Stephen Whitmore



UtahState INiechanicsladhenospace)

Engineering

Performance Parameter Summary

UNIVERSITY

y-1 172 pexzt

7/ +1

P exit

P

y+l1 71
c Thrust_y\/ 2 ( 2 | 1_[@ Tt
" RA Y- R 2y\ p

N C* = P()A* N (C*) _ \”/RgTo _ , 0
1) M,

m ideal 7/_+1 }/_+1
2\ 2\~
Y y+1 4 y+1

_ Thrust _ Thrust/P,A" _C.-C

Toem &MBA g

Y+l

%] —C_* i L W _i ZyRu To
o = L T g \Nr-1\M,
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Example Performance Calculations

CF vs Expansion Ratio

Specific Impulse Vs Expansion Ratio

Expansion ratio

Expansion ratio

2.4+ 400
bR B T T B e e I I B e s
350-|=====F====p=c=c=tf=c==ge=c=cd=cc=c=c==cieccopoooobonoogoocogo=ooc_-
2]
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Real Rocket Loss Coefficients

1. Combustor /Nozzle efficiency correction coefficient —>

2. Nozzle divergence correction coefficient

3. Chamber pressure correction coefficient

4. Nozzle discharge correction coefficient

» Manufacturers often use empirically determined “fudge factors” to model
engine/rocket motor losses

“adjustments” to de Laval Flow Equations

MAE 5540 - Propulsion Systems
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Combustor Efficiency Correction Coefficient

-- Combustion inefficiency and heat losses through the
chamber wall both tend to produce a lower chamber
pressure than predicted by theory.

v+1

y4+1)t
R .T |0

g 0

1
)_ U

o (*:* :<P()*A*/m _ wnal || %<n*)2T

ry+1 actua
theoretical theoretical 1

y41)p-t
TSIy

theoretical

» Squared Efficiency Proportional to ratio of True-to-Actual Flame
Temperature

MAE 5540 - Propulsion Systems
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Combustor Efficiency Correction Coefficient o

7+l
1 y41
e

LH
1 y+1]1
TRy
theoretical

... What factors can cause T, to Drop in Combustor

 C (B A
C* C*thearetical

theoretical

2
acwal T ~ <,',}*) .T
ctua 0 oretica

« Combustion
* Transport

1) Heat Loss thru Combustor walls
2) Friction (Very Small in Combustor)
3) Combustion Process Efficiency / mixture ratio

4) Typical Values ... 85-99%
MAE 5540 - Propulsion Systems




UtahState INtechanicSlledrerospace
U N ' v E R S I T Y Engineering

Nozzle Divergence Correction Coefficient

=

Coi¢al Nozzle * Quasi-1-D analysis assumes

exit flow leaves parallel
to longitudinal axis of the nozzle

y High altitude -
most time spent here

e In reality ... this rarely happens

EEA B R

MAE 5540 - Propulsion Systems




UtahState PIEEEmsE] & R e

UNIVERSITY
Nozzle Divergence Correction Coefficient coca

L —

/ dS = rsin[¢ldy x Rd¢ = R* sin[¢ldpdy

dS

MY

» Look at mass flow across spherical exit surface

. 27 0 27 6
M= [ PuiiVisdS = 2 [ [ otV R sin[§1dedy = 2mp,,V,, R* {1 cos[0]}
00 00

MAE 5540 - Propulsion Systems
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Nozzle Divergence Correction Coefficient coca

dS = rsin[¢ldy x Rd¢ = R* sin[¢ldpdy
L ——> /

* Look at axial momentum flow across spherical exit surface
2w 6 27 O

Fr = Masia = [ [ pouViui cos[91dS = [ [ p,,, V.., R sin[glcosl$lddy =
00 00

, {1-cos?[6]}

27rpexitV 2R = 77:pexit‘/exit2R2 Sinz[g]

exit
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Nozzle Divergence Correction Coefficient coca

dS = rsin[¢ldy x Rd¢ = R* sin[¢ldpdy
L ——> /

Sy

F

axial __

n-pexthexttsz sin2[9] npextt‘/exztsz sin [9] _ Sinz[a]
[ZﬂpemV R*{1-cos[0] ] 27rpm, V... R*{1—cos[0]}  2{1—cos[0]}

exit exit

extt

sin [9]{1 + cos[Q]} _ sin ’[0] {1 + cos[Q]} sin [9]{1 + cos[Q]} 1 {1 N cos[G]}
2{1-cos[01} {1+ cos[0]} B 2{1—0052[9]} {sm [9]} 2
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Nozzle Divergence Correction Coefficient coca

0.995-

0.985-

g 0.975-
<
Actual % 0.965-
Momentum —>F 1 5
; W 0.955-]
Thrust el = —{1+cos[0]l} =1 &
mV 2 w 09457
Momentum exit E’ 0.935-
Thrust of g
idealized M
NOZZIG 0.915-

hrust = )“ m ‘/extt + Aexlt [ exit ] LR,

Application Of 0 2 4 6 8 10 12 14 16 18 20 22 24 26 28 30 32 34 36
. EXIT PLANE HALF-ANGLE, DEG.

Correction

Factor

MAE 5540 - Propulsion Systems
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UNIVERSITY — Chamber Pressure Correction Coefficient

--Models effects of transient

startup, stagnation pressure loss 80

due to non-zero Chamber Mach Number o T
* Rocket Engines with short burn times typically % ]
have a significant portion of the total impulse 2 30
resulting from the pressure start-up or tail-off g 2 \

. © 10  le—STEADY-STATE —|

phases of the burn, when the chamber pressure is 00 . : Ly
well below the steady-state operating pressure level. _'i|° stertUP TAL-OFE L '

* Total delivered impulse is less than impulse based

on steady-state calculations. Thurn

| Pat

1
Po=——
 Use mean Stagnation pressure through Burn as Lo
correction factor

MAE 5540 - Propulsion Systems
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Chamber Pressure Correction Coefficient g

1 Tbum
Py=—— [ B(t)dt
burn ()

* Define

_ r;zCe} .
é — CF — |: actual % POA — Mactual X P() X [Ce ]actual
p _ . . L .
CFideal Po A |:m C, j| Po Mideal [Ce ]ideal
ideal

_ Thrust
F — w
* Look At
- : . v+ A Py =)
m__ A % [ 2 (-1 _, Macuat .PO <1 e . Z[Ce]acm R
PO TO actial Rg v+ U ﬁ 0 M ideal ’ CFideal [Ce ]ideal V. + Ai (p exi ~P.)
MAE 5540 - Propulsion Systems Mideal
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UNIVERSITY  Chamber Pressure Correction Coefficient g g,

» Alternate Formulation

m 1 y[ 2 ](r—l)
* = —>
AR, T, \R\y+1

actial

\]
—
T

RAT PRA AR P LA

C - Thrust 'V, m N A | Puic Pe|_Veur |V ( 1) N A, | Puic  Po
F R, Ly + IJ

A

MAE 5540 - Propulsion Systems

B

|




UtahState

UNIVERSITY

Cr

INechanicS)edrenospIce)

Engineering

Chamber Pressure Correction Coefficient (oqppq)

« But V,, Pesit  4re independent of P, (for isentropic Nozzle)
£
/

Aexit p 00 p 00 Aexit 1 1

- CF N =% Po| T —— |
ideal J— oo —
A £y Po A £ Po
Aexit })O B PO
~ A Pe) ™ 2 Yoo | (BT
Py P (2 )] (&)
= CF = 1— — ° 0 — Aexit — y+1 LpexitJ
L (r-1)
CF;deal CFideal A \ [%] ( i ]Vy 1
» Mathematically identically to previous \ Pesi

Formula ... but easier to use

» Typical Values ... 95-99.5%

MAE 5540 - Propulsion Systems
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Correction, SSME Example

chamber
revisited
ah « Assume
70 -
5.0 /,_\ B 1 Tow
2 50 Po=—— [ Py(t)dt ~18.6mPa
% 4.0 4 Tburn 0
o 3.0
E 20 —
G 10 { l——sTEADV-STATE— - Cr Shuttle has
0.0 . . - 5 — = A very long
% lstart0F e R Lﬁ P C Burn time
_:“ - — j E’deal
Thrust 6
Fud = p A" = 77.5-101325 (1894 — 18.6) 10
0 616
1.671-106 e 1 1894 (18.6) 10°10
=1 1.525
—>
18.94-10%0.05785
= 0.995

MAE 5540 - Propulsion Systems
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P amber COTTECEION,
Chimaera Rocket Example
» Expected Thrust ~ 2300 Ibf

» Expected P amper ~ 450 psia
*A"~1.25in

MAE 5540 - Propulsion Systems
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oNiverstY  Chimaera Rocket Example

« Chamber Pressure Time History

XY urapn

1 Tburn

Py = T j P,(t)dt =~ 289.63

urn

gzso.ooooo- Aexnf IJO — PO
E 225.00000- — A* poo —
& 200.00000- Cr Po P()
O 175.00000- =1
F;’deal CF;deal
1800
8 ( ) (450 —289.63)
B 2.10 40 60 80 10 144
Time, sec 1 450-289.63

398
=0.969

MAE 5540 - Propulsion Systems
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» Thrust Time History (Ax) curve

Longitudinal Acceleration, g's

-1.50000-!
5.0

[ 1
-2.0 0.0

I 1
20 4.0
Time, sec

i
6.0

1
8.0

Total Impulse:
23.26 g-seconds

“‘Steady State”
Impulse:

—22.10 g-seconds
~95%

. SO we are
Pretty consistent

[ 1 [
10.0 12.0 15.0

MAE 5540 - Propulsion Systems
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Nozzle Discharge Correction
Coefficient

* Once the flow clears the throat and enters the Nozzle
a variety of losses can occur

Oxidizer » The discharge correction factor is

- used to express how well the nozzle
Combustion . .
Chamber design permits the mass flow rate
through the throat to approach the
theoretical rate, and is given by the ratio
of delivered mass flow rate to ideal
mass flow rate:

MAE 5540 - Propulsion Systems
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Nozzle Discharge Correction
Coefficient ...

gd:fz y+1
"o 7[ : ](’-”Po
R \y+1 \/ﬁ

* Value of the Discharge Correction Coefficient is typically > 1
1) MW increases due to reactions within nozzle
2) Heat transfer to Nozzle wall Lowers Gas density

» Typical values 1.0 to 1.15

MAE 5540 - Propulsion Systems
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Correction Coefficient Summary

* Basic Definitions

% 3k %k
C — n C ideal

Cr=¢&C

F;'deal

m = gd Mideal

T  —imV

hrust exit

+ Aexit [})exit o Poo]

MAE 5540 - Propulsion Systems
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Correction Coefficient Summary

(cont’d)

» Thrust Coefficient

exit

_/lxﬁd[r;’LV

:| + Aexit [Pexit o Poo]
ideal

Cr=&

p

» Specific Impulse
%
I C.xC
sp
8o

MAE 5540 - Propulsion Systems
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= n*ﬁp/lédl .., (@ design point)
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Appendix 5.2 SSME Computational Example
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SSME Computational Example

« Space Shuttle Main Engine ...

e Unlike other propellants, the optimum mixture ratio for liquid oxygen and
liquid hydrogen is not necessarily that which will produce the maximum
specific impulse. Because of the extremely low density of liquid hydrogen,
the propellant volume decreases significantly at higher mixture ratios.

» Maximum specific impulse typically occurs at a mixture ratio of around 3.5,
however by increasing the mixture ratio to, say, 5.5 the storage volume is
reduced by one-fourth. This results in smaller propellant tanks, lower vehicle
mass, and less drag, which generally offsets the loss in performance that

comes with using the higher mixture ratio. In practice, most liquid oxygen/liquid
hydrogen engines typically operate at mixture ratios from about 5 to 6.

MAE 5540 - Propulsion Systems
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What 1s the Stoichiometric Mixture
Ratio of LOX/LH,?

2H,+0,<=2H,0

M, LH, — 2016, . ..
M LO, — 31.999

kg /kg—mol

1,,L0,xM,LO, 31999

= = 7.936
2 LH,xM_LH, 2x2016

MR=6.0 (What the shuttle operates at) --> “Rich Mixture”

MAE 5540 - Propulsion Systems
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Compare Tank Volumes

* Space Shuttle has the following mass fraction characteristics

Weight (1b)
Gross lift-off . . . . . . . 4,500,000
External Tank (full) . . . . 1,655,600
External Tank (Inert) . . . . 66,000
SRBs (2) each at launch . . . 1,292,000
SRB inert weight, each . . . . 192,000

» Shuttle has 721,000 kg of propellant in main tank on pad

MAE 5540 - Propulsion Systems
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Compare Tank Volumes ..

: 1
O/F=7936— 721,000, 7.396 + =15315m’
¢ 1140k , 67.78 |
g/m kg/m
“‘best compromise” 6.000 |
O/F=6.000— 721,000, ' + =14432m’
‘11140 . 6778 |
g/m kg/m
6.000 |
O/F=3.5-721,000, + =12850m’
‘|1140, . 6778, .

MAE 5540 - Propulsion Systems
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UNIVERSITY SSME CQmputathnal EXample

(cont’d)

» Space Shuttle Main Engine ...

* LOX/LH2 Propellants, 6.03: 1 Mixture ratio

B.25
5.00 = P,=186.92 atm
=18940 Kpa
575
o m T
S 550 - ’ Fuel h r |Ox1(11zc1"
o Combustion
5 Chamber
£ 525
=
5.00
Nozzle
475 - / \
450 T T T T T T T ' T T P
0 25 50 75 100 125 150 175 200 225 250 exit \ \

Chamber Pressure, P¢ (atm)

MAE 5540 - Propulsion Systems Ref: http://www.braeunig.us/space/
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SSME Computatlonal Example

(cont’d)
» Space Shuttle Main Engine ...

3700
3650

TO -~
3600

3550
3500

3615°K

3450 '—l " I~ |Oxidizer

3400
3350
3300
3250
3200

Adiabatic Flame Temperature {(K)

3150
3100

0 25 &0 75 100 125 180 175 200 225 2480
Chamber Pressure, P¢ (atm)

MAE 5540 - Propulsion Systems
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SSME Computational Example

(cont’d)

13.75
13.50
13.25
13.00

1275 [Tuel " — [Oxidized

12.580

12.25 Pa

Gas Molecular Weight

12.00

11.75

11.50

0 25 50 75 100 125 180 175 200 225 280
Chamber Pressure, P¢ (atm)

MAE 5540 - Propulsion Systems
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SSME Computatlonal Example

(cont’d)
» Space Shuttle Main Engine ...

1.215

1.212

—
]
[
(]

—
o]
o
s3]

Specific Heat Ratio
.
@

1.200

1.197

1.194
0 25 a0 75 100 125 180 175 200 225 250

Chamber Pressure, P¢ (atm)
MAE 5540 - Proyj
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VST B xample: SSME Rocket Englne

] Burn LOX/LH2 for Propellants wit

MAE 5540 - Propulsion Systems

* The Space Shuttle Main Engine;
A ratio of LOX:LH2 =6:1

» The Combustor Pressure, pg
Is 18.94 Mpa, combustor
temperature, T, is 3615°K,
throat diameter is 26.0 cm

» What propellant mass flow rate
is required for choked flow in the
Nozzle?

* Assume no heat transfer Thru Nozzle
no frictional losses, y=1.196
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university: Example: SSME Rocket Engine (contd)

[Fuel /"~ [Oxidize)  -- By product ~ Burns rich, byproduct
“Chamber is water vapor + GH,

Chamber

My ~ 13.6 kg/kg-mole

/ \ - Ry =8314.4612 /13.6 = 611.35 J/°K-kg

. 7+1 » Compute Throat Area
m _ L( 2 \e) p, - 2
A R8L7+1J JT, ( 26) T =0.05309 m?
100" 4
(1.196 + 1)\ 05
{1.196 ( 2 ) 1196 -1 J 18.94-10° * Mass flow =
611.35 *1.196 +1 (3615)°° ()
m ]
_ - | x A =8252.59-0.05297= =438.15 kg/sec
= 8252.59 | g/secm? L A J

MAE 5540 - Propulsion Systems
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Example. SSME ROCket El’lglne (continued)

’ Tuel ’—;m i IOxidizcr‘
Combustion * The nozzle expansion ratio is
77.5 -- what is the exit Mach number

y+1

LI 2 ), (=1, o) [0 =
4= (21|

A
2 1.196 —1 2 2(11%661:11)
(GRS )
- 4.677084

= 77.49998 > M, = 4.677084

Newton Solver comes in handy here!

MAE 5540 - Propulsion Systems
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PHVERSITY Example: SSME Rocket Engine (cont’d)

M, = 4.677084

MAE 5540 - Propulsion Systems

Compute Exit Temperature Compute Exit Velocity
T _ —
Texit = (i = ‘/e.rit =M exit \/ /4 RgTe.rit -
1+ @ M .° 0.5
9) exit 4.677084 (1.196-611.35-1149.9) ™
— _1 j—
3615 (1 + —1‘192 ! (4.6770842)) = 4288.61 m/sec
=1149.90 °K . P, _
exit ( (y _1) z\ﬁ
L1+ ) M, J
Compute Exit Pressure 18.94-10°
( 1.196 ) =17.45511 kPa
(1 N 1.196 — 1 (4.6770842)> 1.196 - 1
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Compute Thrust Coefficients at Sea Level and In Vacuum

» Sea Level
ol o112
_ Thrust 2 (2 Y|, (p. )7 A (p..—P.) -
CF_ — = 1_ £ exit + e):: exi =
FA y—I\y +1 F, A F,
1.196 + 1 1.196 — 105
1.196 2 ( 2 )1.196—1 | — 17.4551 1.196 775 17.4551 — 101.325 _1 52546
1.196 -1 *1.196 + 1 18.94-10° 18.94-10°
* Vacuum
oy ,_1V2
CF= Thruft_: 2 ( 2 (7_1) 1_(paxil) ’ _+_Awi:l (pe.rit_&;m) =
ra \y-1\y+1 LR AR
1.196 + 1 1.196 — 1\\0.5
196 -1 . 1. .
1196 2 ( 2 )1 96 1_( 174551 j 196 +77.5( 17.4551 ] 194006
1196 -1 “1.196 + 1 18.94'103 18.94'103

MAE 5540 - Propulsion Systems
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Compute Thrust Sea Level, Vacuum, and Optimal Altitude?

* Sea Level Cp =1.341

Thrust =C, - Thrust _ 1 52546-18.94-10 ( 26 ) g = 1.53397 x 106 N

PA 100
* Vacuum
Thrust 26 ]
Thrust =C,. - VS = 1.94006-18.94-10 ( ) — = 1.95089 x 106 N
0 1007 4

* @ Optimal Altitude?

1.196 + 1 1.196 = 105

Thrust _ 1196 2
ThrustzCF-if: 1.196 2 ( 2 )1.196 1 | - 17.4551 1.196 18.94-10 (26) T
RA 1196 — 1 11,196 + 1 18.94-103 4

= 1.87907 x 106 N

MAE 5540 - Propulsion Systems
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Example: SSME Rocket Engine (cont’d)

Compute Characteristic Velocity C" intwo ways

2
. 18.95-10° (2—6) T
. PA 100/ 4
C = = =2296.27 m/sec
m 438.15
Close enough!
. JYR
C = ri L — =2296.25 m/sec
y+1 MW
2 -1
v Yy +1

MAE 5540 - Propulsion Systems
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Example: SSME Rocket Engine

(cont’d)
Compute Max I, B v +1 ]
7 _C 2 (2 You| .
Wﬁ T Oxidizer g e y
2 Pmar g, | Ny —1\y +1
1.196 + 10.5
2296-1.196 2 ( 2 )“96_1
1.196 -1 “1.196 + 1
9.8067

= 529.80 sec

MAE 5540 - Propulsion Systems
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Example: SSME Rocket Engine
(cont’d)

Compute Maximum Thrust.. Best we could ever get under perfect conditions

Thrust,,,, =m ] g, =

SpP
Fuel I_] I~ |Oxadizer max
1.196 + 105
2296-1.196 | —2 ( 2 )“96‘1
1.196 =1 “1.196 + 1
438.15-9.8067
9.8067
= 2.276 mNt

MAE 5540 - Propulsion Systems
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Example: SSME Rocket Engine

(cont’d)
Compute Effective Exhaust Velocity (Vacuum)

Ce _ Th}:uSt _ ‘/exlt exzt A (pexzt oo) —
m A m

Fuel I_] I~ |Oxadizer

77.5-0.0529708 (17.455-1000)
437.14

4288.61 +

= 4452.53 m/sec

MAE 5540 - Propulsion Systems
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Example: SSME Rocket Engine

(cont’d)
Compute Effective Exhaust Velocity (Sea level)

Ce — m — ‘/ex” szlt A (pexzt oo) _
m m
Combustion 77.5-0.0529708 (17.455-1000 — 101325)

cramber  4788.61 +

437.14

= 3500.98 m/sec

P sea Level =101.325 kPa

MAE 5540 - Propulsion Systems
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Example: SSME Rocket Engine
(cont’d)

Compute True Is, (Seal level) (ignore nozzle Losses)

I — € —

Sp

P o 8
Chamber
Hozzl? / \ 3500.976
= 357.024 sec
/N
= L)

MAE 5540 - Propulsion Systems
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SR EReTT Example: SSME Rocket Engme

(cont’d)
Summary:
Ideal Calc. Calc. Actual Actual
Vac. S.L. Vac. S.L
lsp 529.69 454.06 357.03 4525 363
(sec):
Thrust: 2.271 1946.37 1530.42 2.10 1.67
(MNt)
» Obviously Our estimate of throat area is a bit small .... \

.. but you get the point ...

MAE 5540 - Propulsion Systems




