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PREFACE

This report was prepared for the Flight Dynamics Laboratory of the Air
Force Wright Aeronautical Laboratories, Wright-Patterson AFB, Ohio, under
Contract F33615-81-C-3617. The work was performed by McDonnell Douglas
Astronautics Company, St Louis, Missouri (MDAC-STL), a division of McDonnell
Douglas Corporation. The initial development of Misyile Datcom was initiated
in September 1981 and completed in December 1985. Mr., Jerry E. Jenkins
(AFWAL/FIGC) was the Air Force project engineer. Mr. Steven R. Vukelich was
the principal investigator for the period September 1981 to February 1985.

Mr. Stanley L. Stoy assumed the responsibilities of Principal Investigator in
February 1985. '

The authors gratefully acknowledge the contributions of the AFWAL/FIGC
staff, whose guidance was instrumental for the successful completion of the
study. The encouragement and support from numerous professionals from the
aerospace community were significant to the effort. '

AFWAL 1s committed to the continuing development of Missile Datcom. This
development {s dependent to a large extent on user feedback. Questions about
the program or suggestions for future improvements to the program should be
directed to thke current Air Force project engineer, Mr. Wi{l1liam Blake, at
g’?ﬂ) 265-6764, AFRLINA,Wright - Pattesson A B,0H 45433

Volume I of this report summarizes the method selection philosophy and
method selection criteria for the Missile Datcom development program. Volume
I1 is the program User's Manuail. ,,
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1.0 INTRODUCTION

This report summarizes the methods selected for use in Missile DATCOM.
Since the preliminary design of missiles requires the use of rapid and accu-
rate methods, it became clear from the Feasitility Study (Reference 1) that
extremely sophisticated paneling codes would be incompatible with the design
environment. Although codes exist which provide the quick and inexpensive
tool desired, each has major limitations which reduce design productivity.

Every effor't was made {o produce a .method collection which encompasses a
wide range of configuration geometries and flight conditions, however, there
remain many areas which cannot be addressed with a preliminary design code.
These 1imitations result from the lack of 'applicdble methodology and ‘are
identified throughouvt this réport The lack of applicabie methods may be due
to either a lack of any known accurate methods or to a lack of sufficiently
simple methods to fit the pre]iminary design env‘ironment

i



2.0 METHOD SELZCTION PROCEDURE

The methods for Missile DATCOM were selected in four stages:

Stage 1: Feasibility Study methods icreening

Stage 2: Development Study preselection '

Stage 3: Method incorporation ard validation

Stage 4: Method usage in a Handbook or computer code

These four stages permitted a wide range of method types to be evaluated and
allowed the methods being'eva1uated to be selected based upon range of appli-
cability (Stage 1), ease of useland a&tomation (Stage 2), accuracy when com—
pared to experiment (Stage 3), and computational time (Stage 4).

The following paragraphs summarize the types of analysis performed during

each stage.

2.1 FEASIBILITY STUDY SCREENING

.The purpose of the Feasibility Study (Reference 1) was to:

(a)

(b)

(c)

(d)

Determine the range of geometric and flight ccnditions for which
methodology should be specified,

Survey the literature for applicable methodology and determine those
areas lacking in appropriate methods and nzeding further development,

'Determine_the structure of a Handbook and/or computer program which

allows rapid and accurate use of the available methkodology in the

missile design environment, and

Assess the feasibility, or probability of success, of developing a
Missile DATCOM and recomnend a Handbook and/or computer program
format. '



The ranges of geometric and flight conditions were determined from analy-
sis of existing experimental data and existing operational missiles world-
wide. The results, shown in Figure 1, were categorized by Priority. Priority
1 were the ranges of which at least 75 percent of the configurations and their
corresponding flight conditions would be placed; Priority 2 encompasses more
than 90 percent of the total configurat1qn§ studied.

The available methods' were assessed using the eight criteria given in
Figure 2. Generally, methods were sought which were:

(a) Theoretical or'semi-empirica1. so that the more "unusual® geometries
could be accurately evaluated and, hence, 1imit empirical data base
extrapolations, ' -

(b) Require minimum geometry detail,
(c) Demonstrated to be accurate for the design environment,

(d) Currentiy used in industry and thought to be good, reliable tech-
niques,

(e) Applicable to a wide range of geometries and flight conditions, and

(f) Generally traceable in origin and compatible with other selected
techniques. o

After studying more than 315 individual methods, it became clear that com-
ponent butld-up methods were better suited to fulfilling the eight selection
criteria. It was also demonstraced that in spite of deficiencies in some
areas, sufficient "good" methodology existed to develop z design tool appli-
cable to preliminary design.

A qualitative assessment of the two approaches (component build-up and
panel methods) is shown in Figure 3. 1In general, the cost of using component
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build-up methcis are far less than pane)l type methods, due to the increase in
required configuration detail for panel methods. Althoughicomputer costs can
be a factor in selection, the cost in labor hours is far more significant;
panelina codes can require as much as ten times more labor for the same con-
figuration shape.

Panéling-type methods are better suited for more arbitrary configura-
tions. The majority of component build-up methods_'have been developed for
conventional missile shapes (circular or e111ptﬁcal bodies with straight-
tapered fins, and planar or cruciform fin arrangements. Component buiid-up
methods are fairly accurate for conventional configurations and easily lend
themselves to parametric analysis. For these reasons and because most near
term missiles will continue to have conventional shapes, component build-up
methods are the best choice. Another plus 1s'that with the build-up approach
it is easier to substitute experimental data which allows for more detailed
analysis.

. The development of Missile DATCOM was found to be feasible and methodology
available to perform preliminary or conceptual missile design. No comprehen-
sfve collection of missile design methods is available, and the assembly of a
methods Handbook would fill this important void. |

Existing computer programs were avai1ablé. but were often 1imited in ap-
p11cab111ty, poorly programmed, too complex, or substantially undocumented.
To overcome these problems, Missile DATCOM was to be developed as follows:

{(a) A Handbook and its companion computer program were to be developed in
parallel. The Handbook would include: (1) a brief but thorough discus-
sfon of the physicﬁl phenomeni being modeled, (2) a description of the
selected method, including all equations, tables, and charts necessary for
its use, and (3) a bibliography. '



(b) The computer program, develnped concurrently with the Handbook, would
reflect, as a minimum, the same capability as the Handbook. The program
was to be written with the following characteristics: (1) to conform with

American National Standards institute (ANSI) standard FORTRAN language for
ease of use on a wide variety of cemputer systems, (2) structured code
using the concept of structured programming for code readability, (3)
1iberal internal documentation to aid code development and increase its

utiltty, (4) modular method subroutines, so that they can be easily ex-
changed for better techniques in the future without the need for extensive
coqelrevisions.-(S) inputs were to be structured to minimize the number
and type of inputs required, (6) designed to minimize computer execution
time and memory, and (7) a User's Manual which defines the inputs required
and the outputs available.

2.2 DEVELOPMENT STUDY PRESELECTION

In many cases, the Feasibility Study showed that more than one technique
was available to compute a particular aerodynamic parameter. Hence, it was
necessary to seleci one for use. One way of accompi1shing this task was the
use of a methods development tree where the assumpt1ons'made in deriving the
techniques could be directly compared, and a method with the least simplify-
ing assumptions could be given more weight in the selection process.

Preselection also considered the currently available status of the
methods. Since the primary analysis tool was expected to be the computer
code, the availability of a well coded and documented procedure was important
for overall develbpment efficiency and future code maintenance.

2.3 METHOD IHCORPORATION AND VALIDATION
This th1rd stage of method selection is meant to automate the selected

methods, verify they provide accurate results, and then compare their accuracy
to experimental data or theory, whichever is most appropriate. In_many cases



the selected methods already existed in automated form, making conversion intn
the Missile DATCOM code simply one of {interfacing the inputs and outputs. In
other cases, new code had to be written,

whenever computer code is used to represent an analytical techniqua; it
typically takes months of testing to reduce programming error. In order to
shorten the' time needed to make this code operational, a *Top-Down Design®”
and *Structured Programming® technique was used. In addition, to make the
code as transportable between machines as possible, ANSI standard FORTRAN-66
language (ABSI X38,01966) was selected. '

The concept of "Tep-Down Design® means that the code is designed in a iree
structure, where the main program is the root, and each task is assigned to a
separate branch. Each branch, or task, is independent of others; that is, the
type of method 1n¢orporated has no bearing on the type of method selected for
other tasks in the system. Hence, individual methods can be replaced at wil!
without influencing the remainder of the code. The basic tree structure of
the code fis 111pstrated in Figure 4. A significant by-product of this tree
structure s well defined tasks which can be overlayed to reduce the needed
computer core required for execution.

The second concept, Structured Programming, defines the way the code is to
be written, with emphasis on 1nternall documentation. A large number of
comment cards are incorporated in the program to determine the logic and func-
tional processes.

Both concepts resulted in the successful development of the code. Over
40,000 Vines of code were implemented in less than three years, with few main-
tenance tasks identified. As mentioned earlier, a method must be verified as
being coded correctly before its accuray can be correctly determined. This
was performed by parametrically varying the method Subroutine inputs and plot-
ting the outputs as a function of the parametric variable. B8y comparing these
results with theory, or experiment, each method was verified as being an ana-
-~ Tytical model of the method selected.
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To evaluate the accuracy of the indivijual methods an accepted accuracy
criteria was empl.uyed, The accuracy criteria selected was the one developed
by Krieger and Williams (Reference 2). It is based on the idea that the ac-
curacy to which an aerocdynamic coefficient needs to be predicted should be a
function of what the coefficient is going to be used to compute. If it is
used to compute obtainable load factor then it may not he required to be as
accurate as if it was beiny used to compute the range. Therefore, the Gses to
be made of the different aerodynamic coefficients must be determined follow-
ed by a determination of accuracy required for the performance parameters.
The accuracy required in the prediction of the aerodynamic coefficients is
then backed out of the equations for the performance parameters. This process
is outlined for the longitudinal coefficients C". cm and t.:“l in. Figure
5. From this accuracy criteria it is found that it is acceptable to predict
CH and Cm within 20 percent while CA is ‘often required to be predicted
. to within #10 percent. Application of this methed allowed for a gquantitative
assessment of the accuracy of the individual methods.

In addition to individual method accuracy, it was necessary to insure that
they were compatible as a function of Mach number. As illustrated in Figure
6, it was desirable that there ba no predictive discontinuities at the 1imits
of method applicability. Even though this was not practical, the differences
at method switchover were kept at a minimum. Method switchover occurred at
the following conditions:

CONF [GURATION MACH NUMBER  COEFFICIENTS
BODY 1.2 ALL
2.0 _ “ALL
FINS ' - 0.8 ALL
1.4 ALL

The reasons for the switchover are defined in the method selections described
in Section 3 and Section 4,

12
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2.4 CODE AND HANDBOOK METHOD SELECTION

The goals for the Missile DATCOM progfam were to have the computer code
and the Handbook tomp]ement each other, yet pe independent so that either
could be used without requiring the use of the other. In some cases, the
"best" methodology could be efficiently used on tomputer equipment and not
be easily solved by hand in a methods Handbook. It would have been possible
to use the code to generate Handbook design charts, which was ultimately done
for the skin friction calculation method, but this approach was avoided since
1t does not lend fitself to a thorough understanding of the method. By avoid-
ing this, the Handbook -and code methods are independent checks cf one another,
and 1n some finstances are from different-method sources, so the methods in the
Handbook could be kept as simple as posﬁib]e. '

Where there are method differences between the Handbook and the computer
code, those differences are described in the method description sections of
this report. ' '

-
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3.0 BODY ALONE METHOD SELECTIONS

This section summarizes the methods selected for body alone aerodynamics.
It is divided into two sections: bodies with circular cross sections {axisym-
metric bodies) and bodies with noncircular cross sections. Each section is
further subdivided by aerodynamic coefficient.

It should be noted that a significant number of “"easy to apply" methods
for noncircular bodies have been used fbr bodies with ellipticaliy-shaped .
cross sections. Although methods can be extended to handle more arbitrary
'shapes, this has not been done due to the limited amount of information avail-
“able for extending these techn{ques. Thelmethod used in the computer ccde
for bodies with arbitrary cross sections is numerically intensive, therefore
no hand calculation methods are presented.

3.1 BODIES WITH CIRCULAR CROSS SECTIONS

This section summarizes the body alone methods investigated for inclusion
fnto the Missile DATCOM methods compendium. Approximately 108 individual
methods were identified during the Missile DATCOM Feasibility Study as either
recommendat1oqs or alternates.

Method selection began with the Feasibility Study results. Each of the
recommended techniques were again studied using the assessment criteria  shown
in Figure 2. The final selections are given in Figure 7, and a summary com-
parison with the Feasibility Study recommendations 1is given :in Table 1. In
nearly all cases, the Feasibility Study recommendations were'thé final method
selections. ' '

As shown in Figure 8, component build-up methods remain questionable for
some configurations. For example, the subsonic/transonic axisymmetric methods
included are only applicable to conical or tangent ogive nose shapes attached
to cylindrical bodies, whose lengths are at least six body diameters. The
reasons for the configuration limitations are as follows:

17
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CAf

CAD

Cap

(nose-cylinder)

Cay .
(nose-cylinder)

Ca

P.W
{boattails)

CA“
{boattails)
Cap
(flares)

CAb

cAjet

CAprotuberance

CA(a)

TABLE 1 BODY ALONE METHODS

FEASIBILITY RECOMMENDATION

" Van Driest II (Ref. 3)

Hoerner (form factor){Ref. &)

Chaussee (ogives) (Ref. 7)
MDAC-HB (cones)(Ref. 24)

SOSE (Ref. 25)

Payne correlation (Ref. 11)

SOSE

(Not identified)

NACA-TN-3819

Payne method (Ref. 26)

Hoerner

Allen and Perkins{Ref. 27)

METHOD SELECTED
Van Driest II
Hoerner {form factor)

Devan (ogives)(Ref. 8)
Devan (cones){Ref. 8)

Modified SOSE(Ref. 21)

Van Dyke Hybrid

Payne correlation

Modified SOSE
Van Dyke Hybrid

AMCP-706-280
NASA-TR-R100
(AMCP-706-280)
(None)

(None)

Allen and Perkins

REASON FOR CHANGE
(No change)
{No change)
Better accuracy
Data Proprietary

Better accuracy

Better at Jow supersonic
speeds

(No change)

Better accuracy

Better at low supersonic
speeds

Only available method

- Previausly automated

Insufficient data to
quantify

~ Too general, not

automated

(No change)
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: 0

(sﬂﬁsgg?c/transonic)

Chg»
(supersonic)

C
(ggattails,
subsonic/transonic)

CNa
(flares,
subsonic/transonic)

n

Cdc

1 Messersmitt-Bolkow-B)ohm

TABLE 1 (CONTINUED)

FEASIBILITY RECOMMENDATION

Baker, Klopfer/Chausse =
(Ref. 23, 28) '

SOSE

Moore (Ref. 21)

(Not identified)

Goldstein, Baker(Ref. 22, 23)
Baker (Ref. 23)

METHOD SELECTED

MBBl (Ref. 20) -

Modified SOSE
Van Dyke Hybrid

Moore
AMCP-706- 280

Goldstein, Baker

Baker (w/corrections)
(Ref. 23, 15)

REASON FOR CHANGE

Wider range of fineness
ratios

Better accuracy

Better at low supersonic
speeds

(No change)
Only available method

(No change)

Better accuracy
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FIGURE 8 COMPONENT BUILD-UP APPLICABILITY

(a) 1In the subsonic and transonic Mach regimes no easy to apply method is

avajlable to analyze general nose shape contours. Although desfign charts

exist for selected nose shapes, the methods require substantial input de-

scription and user intervention. Therefore they are not included in the

__Hiss11e_0ATCOH code. Parametric results in the form of design charts have
not been published and are therefore unavailable for incorporation.

(b) Methods to compute the efféct of spherical nose bluntness is only
avaflable for C, at zero angle of attack. The blunted cone method used
is weak. (Design charts are avajlable for blunted cones, but are not in

the public domain.)

{(c) ENliptically shaped nose bluntness was not addressed in any litera-
ture sources searched.
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(d) The extreme dependency of the nose flow field on the afterbody for
short cylindrical afterbodies prohibits the generalization of a method for
arbitrary afterbody shape or nose-flare geometries.

(e) The existing flare methodology at subsonic and transonic speeds is
Timited to conical flares whose surface slope angle is small.

The following paragraphs detail each of the aerodynamic coefficient
methods selected and their limitations. '

3.1.7 Axial Force Coefficlient

In general, the methods recommended during the Feasibility Study were
found to be acceptable during method selection. Each of the following para-
graphs summarize the results observed during the method implementation and
validation, ‘

3.1.1.1 Skin_Friction - The method of Van Oriest (referred to as Van Driest
II) was found to produce acceptable skin friction drag characteristics for
turbulent boundary layers at all speeds (Reference 3). The method of Blasius,
for laminar boundary layers, and the MDAC method for laminar boundary layer
transition completed the scope of the skin friction caltculations (Referénces 4
and 5 respectively). Since skin friction is difficult to extract from a ma-
jority of experimental results for bodies, the absolute magnitude of the
method's predictive accuracy cannot be determined. However, based upon total
drag comparisons with experimental data, it was deduced that the skin fric-
tion calculations are quite adequate for preliminary design purposes.

Since the Vvan Driest Il method is fterative, it cannot be easily computed
by hand using a methods handbook. However, since it includes the effects of
wall temperature, Mach number, Reynolds number, and surface roughness it far
surpasses the available simple techniques. Hence, the production of design
charts for the methods handbook was considered the best compromise; an example
is shown in Figure 9. In the computer code the free stream temperature is
used as the wall temperature,
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FIGURE 9 SKIN FRICTION METHOD RESULTS

3.1.1.2 Subsonic Pressure Qrag - The method of Hoerner, which correlates
pressure drag to skin friction drag was retained from the Feasibility Study
results (Reference 6). There were no subsonic (Mach numbers less than 0.6)
predictivé comparisons which demonstrated that this approach is inappropriate.

3.1.1.3 Transonic Pressure/Wave Orag - For ogive-cylinder configurations the
method of Chaussee (Reference 7) was initially selected because of 1ts basis
in transonic flow theory. However, after the Feasibility Study was completed,
it was determinad that the Chaussee results were substantially in error for
selected nose fineness ratio combinations. These discrepancies were corrected
by Devan (Reference 8) and form the basis of the f1ha1 method selected. Com-
parison with experiment has shown that this technique gives excellent results
(Figure 10), although it was required to be coded as a multivariable table
lookup. The original Lagrange interpolation was replaced with a linear inter-
polation to reduce interpolation error.
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The recommended approach for cone-cylinder pressure/wave drag was develop-
ed by MDAC. It covered a wide range of cone finenqss ratios and nose blunt-
ness ratios. Although this technique is probably one of the better approach-
es, the method is considered propietary and was not used. The alternative
approach was one derived by Devan from experimental obsefvations, which indi-
cated a very small effect of nose bluntness. Since this approach is not en-
tirely accurate, nor does it cover a sufficiently wide range of nose fineness
ratios, it is recommended that it be repiaced with a better technique when
available. The coded method's 1imitations are summarized in Figure 11.

3.1.1.4 Supersonic Wave Drag - Two techniques were selected for bbdy wave
drag, the Modified Second Order Shock Expansion (SOSE) method of Delarnette
(Reference 9), and the van Dyke hybrid theory method as automated by NSWC for
the Aeroprediction Code (Reference 10). Both techniques were selected so that
the entire supersonic Mach regime could be adequately covered.
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At Mach numbers below approximately 2.0, there is a tendency for SOSE to
overpredict wave drag by approximately 20 percent (See Figure 12). Since this
approach models geometry as a series of cone frustrums, this type of error can
be expected at low supersonic speeds for some shapes. At a Mach number of ap-
proximately 1.4 or IeSs. the SOSE code will compute subsonic flow behind the
shock, with large nose tip pressures being a result; hence, the axial force
will climb to extremely high values. The flow expands to supersonic speeds
with no noticeable effect on C" and . cIu curve slope near zero angle of
attack.

To avoid this problem at low supersonic speeds, the Van Dyke Hybrid method
was incorporated. Its use eliminated the large wave drag characteristic of
SOSE, but at the expense of computational time. Although Hybrid Theory im-
proved the prediction accuracy at lower speeds, it does not compute the
effects of spherical nose bluntness accurately, and for this reason is not
recommended for blunted noses at any speed. The effect of nose bluntness at
low supersonic spaeds is a noticable methods problem area. It is recommended
that a new method be incorporated 1in the Mach range from 1.2 to 1.5 for
blunted nosesL The easiest approach would be to extend the transonic methods
from the current Mach 1.2 to Mach 1.5; sufficient data exists in the transonic
method data tables to permit this extension.

3.1.1.5 Boattail Pressure/Wave Dragq - The Payne correlation of boattail drag
at subsonic and transonic speeds is comprehensive and is restricted only by
the limitations detailed in Figure 13 (Reference 11). It was found to be suf-
ficiently accurate for preliminary design. However, it does assume that suf-
ficient distance exists between the nose and the boattail to miqimize-nose

flow field coupling (approximately six calibers). Shorter cylindrical after-
bodies should not be investigated using this technique, and no other method is
available that can be substituted. Hence, the derivation of a new subsonic/
transonic boattall drag model is required. A recommended approach would be to
use the code RAXBOD to generate parametric results which could be interpolated
for the computer code, and used to create a design chart for the methods hand-
book (Reference 12). '
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FIGURE 13 BOATTAIL GEOMETRY LIMITATIONS

Comparisons with experimental data at supersonic speeds have shown that
the SO0SE and/or Hybrid_methods are sufficiently accurate for preliminary de-
sign since they inherently include nose/afterbody coupling. '

3.1.1.6 Flare Pressure/Wave 0Orag - The Feasibility Study did not ident-
ify a method for flares in the subsonic/transonic regime since it was thought
that their usage was limited to projectile shapes. Subsequent information
revealed that there exists much more finterest than first believed, so two
methods were later selected for stuty. The first was an empirical data base
of a wide variety of flare fineness ratios; it was rejected because of the
extremely short cylindrical centerbody separating it from the nose. The
second, a U.S. Army correlation, seemed to be a reasonable alternative al-
though 1t only addressed conical flares (Reference 13). The limitations
placed on the geometry are described 1in Figure 14. Since no Other method

exists it was selected. It is recommended that an improved new technique be
developed.
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At supersonic speeds, flares can be analyzed quite easily using either the
SOSE or Hybrid méthdds described above. Comparison with experiment has shown
the pressure distributions calculated to be quite accurate at lower angles of
attack (less than eight degrees).

3.1.1.7 General Nose Shape Pressure/Wave Drag - The only nose shapes cur-
rently being addressed at subsonic/transonic speeds are tangent ogives and

cones. There 1is an urgent need to develop methods for other shapes, such as
Haack series.lpower-1aw. and secant ogive noses. The aﬁproach recommended

i1s to use the code RAXBOD and parametrically vary the nose fineness ratio to
develop design charts. The supersonic speed regime is once again adequately
covered by the SOSE/Hybrid combination.
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3.1.1.8 e Orag - The method selected by the Faasibility Report was
s1ightly changed simply due to automation convenience. The use of NASA-TR-R-
100 1s ihouqht to be slightly more advantageous due to the wide range of
flight test results used in derivation of the method (aefirence 14). The
method was modified using a U. S. Army method so that the base drag due to
boattails and flares could be accommodated {Reference 13).

3.1.1.9 Jet Exhaust and P berance Effects - Although methods were fdent-
ified in the Feasibility Study for the effects of jet exhaust and protuber-
ances, they proved to be too l1imited 4n application or too general to be

. useful. Hence, neither set of techniques were incorporated.

3.1.1.10 Ang1g-of—Att§§g Effect - The recommended Allen and Perkins plus Jor-
gensen method was incorporated (Reference 15). ' Prediction comparisons showed
that the techniques were adequate to approximately 30 degree angle of attack.

However, in the transonic Mach regime the discrepancy with experiment was
largest between 15 degrees and 60 degrees angle of attack. Some predictions
followed the experimental results quite accurately, while others were signi-
ficantly in error. It is not known whether this effect is Reynolds number,
nose shape, or total body fineness ratio dependent. Analyses which are more
dependent upon results 1in this angle of attack range will require a signifi-
cantly improved axial force due to angle of attack model.

3.1.2 Normal Force and Pitching Moment Coefficient’
The methods selected for confiduration normal force and pitching moment
are far superfor to those originally recommended in the Feasibility Study.

This 1s due to the discovery of methods not previously available in the open
literature and the improvement of the selected supersonic techniques.
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It is assumed that the normal force and pitching moment coefficients can
be approximated as the sum of potential and viscous contributions:

Cv = Sup T Oy

'Cn - Cmp + Cmv
where, ,
ch = 0.5 Cua sin(Sa) cos (a«/2)
€y = n C,. So sini(a)/s
N " " Yde p ref
Cmp = 0.5 Cn. sin{2a) cos(a/2)

' 2
C_ =nq cdc SP sin (“)/Sraf(xcq'xc)L

mv ref

3.1.2.1 Potentia] Normal Force and Pitching Moment - Two separate methods
were implemented: the Second Order Shock Expansion (SOSE) method and the Van
- Dyke Hybrid Theory. As 1llustrated in Figure 15, a significant methods
overlap region exists for the most commonly used noses. It would appear ad-
vantageous to inciude only the SOSE method at 21l supersonic speeds and sim-
piify the code. At Mach 2.3, the SOSE pressure coefficient distributions over
a 3:1 tangent ogive at eight degrees angle-of-attack, compare favorably to the
more complex Hybrid and Shock Capturing codes, Figure 16. Other SOSE compari-
sons to the configurations shown in Figure 17 were also quite satisfactory
{(Figures 18 through 24). '

Using a large data base of experimental results, the accuracy of the
SOSE method was assessed. The results, shown in Figures 25 and 26, divided by
nose shape, shows that a large percentage of the configurations (over 65 per-
cent) can be predicted with 10 percent error or less, and over 75 percent can
be predicted with Tess than 15% error. The average error on normal force and
pitching moment coefficient slope, summarized in Figure 27, is far below the +
20 percent allowable using the accufacy criteria developed in Section 2.
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MOSE AMENESS RATIO

FIGURE 15 REGIGNS OF APPLICABILITY--SUPERSOMIC THEORIES

In Figure 28 these results cha ﬁivided by the most coomon geometry cri-
teria:

an assumed poor SOSE app]icatién region,

(N B/fN<0.4 '

(2) m<2 an assumed lower Mach limit for SOSE,

(3) fA =0

no cylinder added to the nose, and

the best SOSE application region.

(4)n32.'fA>Q
~ As assumed, criteria 4 was the best demonstrated operating region for

SOSE. Mowever, the average error for the other regions was a scant 2.0 per-
cent to 3.4 percent greater.
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FIGURE 28 PREDICTION ERROR FOR TANGENT OGIVE-CYLINDER CONFIGURATIONS, Cn,,
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The same data base was used to demonstrate the accuracy of the Hybrid
Theory. As shown in Figure 29, the Hybrid Theory was shown to be approximate-
ly twice as accurate as SOSE. Because of the increased accuracy of this
method, it was advantageous to include it; its retention also'provided a solu-
tion to the wave drag problem experienced with SOSE at lower supersonic speeds
(see Figure 12).

The subsonic/transonic incremental nﬁrmaT' force slope for a flare is
assumed by the selected method to 'be dependent upon the cylinder diameter to
flare base diameter rafio, and is insensitive to a flare angle for angles up
to ten degrees (Referénce 13). This theory gives hcceptab1e results for pre-
}1iminary designs as shown in Figure 30. No systematic trend in the experi-
‘mental data could be found which would allow a more accurate method to be
developed, ncr were data for higher flare angles found in the open litera-
ture. Hence, the selected method appears to be the best available for the
range of configurations anticipated. However, a better technique should be
sought which includes the effect of larger flare angles and the influence of
centerbody length since these are significani effects.

3.1.2.2 V¥iscous Normal Force and Pitching Moment - The effect of angle of
attack 1is modeled by assuming that the drag of an infinite cylinder normal to

the flow can be linearily superimposed upon the configuration potential
normal force or pitching moment.l Since there are at least nine different
cross flow drag models available, it is necessary to pair the potential model
with its corresponding viscous medel to obtain a correct method. This "pair-
ing" is required since an eﬁpirically derived correction factor is applied to
the viscous model in the subsonic/transonic HMach regime. | The correction
factor, is the cruss flow drag proportionality factor; it specifies how two-
dimensional the flow around the body becomes.

The choices for cross flow drag were reduced to the three shown in Figure
31. The Jorgensen model 1is, perhaps, the most "empirically correct" of the
three, since two-dimensional cylinder cross flow data was used and not data
*corrected" to match the potential model employed. Jorgenson used a
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nose-cylinder normal force coefficient slope of two per radian to derive his
cross flow drag coefficient. Moore and Baker relied on experimental nose cy-
1inder normal force coefficient slope to define the cross flow drag coeffi-
cient as a function of cross flow Mach number. ’

In Figure 32, experimental data for the cross flow drag coefficient of
infinte cylinders Ss a function of cross flow Mach number is shown. This data
was then used to compute the viscous normal force and pitching moment coeffi-
cient. The dotted line labeled "old fairing® is the cross flow drag coeffi-
cient variation first assumed. Extensive correlations with experimental data
showed that this model tended to overpredict C".from 10 to 20 percent for
typical missile angles of attack and Mach number ranges. By adjusting the
cross flow drag coefficient variation to the curVé labeled "new fairing® the
error in most predictions was held to 10 percent or less. This modification
is a methods calibration. A different choice of a normal force coefficient
slope prediction method would probably not yield the accuracy level observed
with the current method.

Calibrating the method does not violate any mefhod derivation assumptions
or theoretical base. The assumption that the normal force and pitching moment
can be estimated by summing potential and viscous contributions is based on
the assumptfon that the longitudinal and normal force vectors can be vector-
ally summed. This is a basic assumption of linearity for a physical phenome-
non which is not completely accurate, but s a reasonable approximation to a
complex analysis. ;

3.1.3 Lateral-Directional Coefficients

The methods described in Section 3.1.2 for normal force and pitching mo-
ment are directly applicable to side force and yawing moment. The angle of
attack used by those methods 1s really the total body angle-of-attack. Any
directional effect arises from the axis system employed, ignoring the effect
~of asymmetric vortex shedding. If CN' and Cm' represent the body normal
force and pitching moment coefficients, respectively, as a function of tota)l
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angle-of-attack, then the body axis normal force, side force, pitching moment,
and yawing moment are respectively:

- [ [
CN CN cos(e')

Yy " “CN¢ sin (oY)

Cm -.cm' cos(e')
cn = -Cmi sin(¢f)
where,
¢": tan'j(tan B/tan «)

Methods for estimating the effect of “"phantom yaw" or asymmetric vortex
shedding have not been included into thé handbook or the code due to the com
plexity of the solution and the uncertainty of such flow parameters as Mach
number, Reynolds number, and angle of attack.

3.2 BODIES WITH NONCIRCULAR CROSS SECTIONS

The methods for noncircular bodies are variants of the circular body
methods. Not only are these types of methods commonly used to estimate the
aerodynamics of noncircular bodies but they are, fur the most part, the only
easy to appiy techniques avafilable.

"At subsonic speeds one could mode! noncircu]ar bodies using a potential
code, where the geometry is modeled as a matrix of sources and sinks; 3-D Neu-
mann (Reference 16) is an example of such an approach. However, the costs for
such a solution are extremely high, and the setup time to prepare the 1nbuts
are highly labor intensive. Both of these disadvantages make their use in the
preliminary design envirnoment questionable, and perhaps unnecessary if a
*simple® approach produces results of sufficient accuracy. '
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At transonic speeds, the accurate prediction of aerodynamics for noncir-
cular bodies must rely on very complex codes, such as the implementation of a
Navier-Stokes solution. These types of analyses are inappropiate for prelim-
-inary design. '

At high supersonic speeds, the Supersonic/Hypersonic Arbitrary Body
{S/HABP) - code (Reference 17) 1is a reasonable alternétive for noncircular
bodies due to the less complicated analyses performed. Although this approach
was selected to model airbfeathing 1n1ets; the complexity of user preparation
was extensive. Results using the Jorgensen approach, which modifies the po-
tential and viscous ccmponents of normal force and pitching moment, was found
to be highly successful for elliptically shaped geometries, making the use of
a S/HABP analysis unnecessary. An extension of slender body theory using
apparent area calculations was found to be useful in predict1n§ the longitud-
inal azrodynamics of bodies with many arbitrary cross sections. While the
method implemented can handle bodies not normally thought of as slender it
does have serious limitations. These are discussed in Section 3.2.2.

The following paragraphs summarize the method changes applied to the cir-
cular body methods, described in Section 3.1, for application to bodies whose
cross section can be represented by an ellipse. Following the description of
the elliptic body methods are paragraphs describing the irbitrary Cross sec-
tion methods used. '

3.2.1 Bodies with E11iptic Cross Sections

3.2.1.1' Axial Force Coefficient - The methods selected for computing the

axial force of bodies with noncircular cross sections are those selected for
circular bddies._as described in Section 3.1.1. The cdmplex1ty of the flow
field makes accurate solutions extremely costly due to the complex analysis
codes required. Hence, the use of circular body methods, with appropiate cor-
rections to account for cross section shape, is the most economical approach.
The methods and cross section correction factors are described below.
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3.2.1.1.1 skin Friction - The method described in Section 3.1.1.1 is used
for noncircular bodies. Even though the local skin friction coefficient could
approach flat plate values over some portions of the configuration, the three-

dimensional correction to flat plate friction is used to approximate the skin
friction over the whole wetted surface of the geometry.

© 3.2.1.1.2 Subsonic Pressure Drag - Subsonic pressure drag for circular bodies
is computed using the drag due to skin friction and a “form factor® adjust-
ment. This "form factor” was empirically derived and is a function of body
fineness ratfo. It 4s assumed that the noncircular body fineness ratio (based
upon an equivé?ent circular body diaméter) can be used to estimate the pres-.
sure drag of noncircular bodies. This approximation is adequate for prelim-
inary design. '

3.2.1.1.3 Transonic Pressure/Wave Drag - Estimating the transonic drag char-
acteristics of c¢ircular bodies is extremely difficult since the methods avail-
able are limited to a small number of geometries. The prediction of noncir-
cular bodies 1s even more uncertain. It is assumed that the pressure/wave
drag characteristics would be the same as those for a circular bedy with the
same longitudinal cross-sectional area distribution.

3.2.1.1.4 Supersonic Wave Drag - This 4is the only component of axial force
for which a method specifically intended for elliptical bodies exists. The
method derived by Van Dyke using second-order slender body theorﬁ. does not
predict a significant variation in wave drag for typical major to minor axis
ratios, as shown in Figure 33. The Van Dyke method is complex, and the effect
of cross sectfon shape on wave drag can be assumed to be second order in pre-
1iminary design, and is ignored in Missile DATCOM's e?liptic body methods.

3.2.1.1.5 Boattai)l Pressure/Wave Drag - It is assumed that the influence of

boattails are similar to those for circular bodies. An equivalent circular
body has been assumed.
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3.2.1.1.6 Flare Pressure/Wave Drag - It is assumed that the influence of
flares are similar to those for circular bodies. An equivalent circular body

~ has been assumed.

3.2.1.1.7 General Nose Shape Pressuré/wave Drag - As described in Section
2.1.1.7, few easy to apply methods exist for predicting the effect'of arbi-
trary longitudinal variation in the nose shapes of circﬁ1ar bodies. Being
able to analyze non-circular bodies is more difficult. The methods implement-
ed are described in Section 3.2.4.

3.2.1.1.8° Base Drag - Refer to Section 3.1.1.8 for the circular body methods
since they are applied to noncircular geometries.

3.2.1.1.9 Angle of Attack Effect - The methods for circular bodies, described
in Section 3.1.1.10, are assumed to be applicable to noncircular geometries.

3.2.1.2 Normal Force and Pitching Moment Coefficient - The circular body
methods described in Section 3.1.2 are assumed to be applicable to noncir-
" cular geometries, provided that the effect of cross section is accounted for

using correction factors:

A slender body theory (SB) correction is made to the potential component
of each coefficient, and a Newtonian theory (NT) correction is made to the
viscous component. F€or bodies whose cross section shape varies along its
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length, the constants can be replaced with integrals along the body length.
It is this form of the equations which are referred to as the Jorgensen method
in this report. : '

The Newtonian correction factor is only valid in the Hypersonic Mach re-
gime. Some limited empirical results, ratioed to Newtonian values, are avail-
able and plotted in Figure 34. This ratio, Kn' is included as a multi-
plier to the viscous component of both the ncrmal force and pitching moment
coefficlents. ' The éccuracy of this correction factdr is demonstrated in
Figure'ss.' The dashed lines represent the use of the integral form of the
gquations. given above; the solid lines represent the same predictions with
the correction term added to correct the Newtonian theory. The latter method
is demonstrated tolbe superior.

3.2.1.3 Lateral-Directional Coefficients - Since the Jorgensen method is used
. for predicting CN and Cm' the same approach was selected for 'cY and
Cn. The slender bedy and Newtonian theory correction terms become roll
_dependent. Hence, the selection of the proper roll attitude and axis system
is required to obtaiq the correct coefficiants.

3.2.2 Arbitrary Bodies with Nonelliptic Cross Sections

The capability to predict the linear portion of the longitudiné1 stability
coefficients of bodies with arbitrary cross sectionc has been included in the
code. The methods selected for predicting normal force and pitching moment
curve slopes are based on slender body theory since it allows for rapid pre-
dittions without requiring the user to panel the configur2tion. S5lender body
theory also has the versatility of being Mach number independent. To predict
.the pressure drag of arbitrary bodies, a panel model of the body is created
from the user inputs. The code emp]dyed is based on the Supcvrsonic/Hypersonic
Arbitrary Body Program (S/HABP).
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Even though the approach selected did allow for the analysis of a wide
array of body cross sections, the basis in slender body theory resuited in
some limitations on the types of geometries which could be accurately ana-
lyzed. It was found that the nose finess ratio had to be greater than five,
The body base cross-sectional aspect ratio had to be less than five. The basé
cross-sectional apect ratio was defined as the base width squared and divided
by the base area. The final restriction is that the bodies can not be boat-
tailed or flared.

The following sections describe the methods used to predict the indivi-

dual coefficients. Currently methods are available to predict CN' cm,

CY' Cn and CAa. Notably no simpie methods such as those described in
previous sections have been found for estimating the values of cNo’ C"o,
ch' CA;'

3.2.2.1 Axial Force - The axial force methods implemented in the code vary
with the free stream Mach numbers being evaluated. -There is one combination
of methods for the subsonic/transonic regime and another combination of
methods for the supersonic regime. The cA predictions are limited to zero
degrees angle of attack and consist of a skin friction and a pressure drag
component: ' '

Cao = Car * Cap

Af
wetted area. The pressure term is proportional to the body fineness ratio.

The C,. term is the skin friction component which is proportional to the

3.2.2.1.1 Skin Friction - The skin friction portion of the axial force co-
efficient is computed using the circular bedy skin friction methods. These
 methods compute the flat plate skin friction coefficienf for the free stream
Reynolds number. The flat plate skin friction coefficient is then corrected
for curvature and non-dimensionalized by the ratio of the wetted area divided
by the reference area.
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Quadralaterals are computed using the S/HABP geometry package to approxi-
mate the surface. The wetted area is the sum of the area of the gquadralater-
als.

3.2.2.1.2 Pressure/Wave Drag - At a free stream Mach numbers of Jess than
1.4, a subsonic/transonic pressure drag method is used. This method uses the
simple expression for three-dimensional pressure drag presented in the feas-
ibility study. '

cAP = 7(t/C)3 C¢ Sc

- SRef
where: t ~ body's equivalent axisymmetric diameter
- body's length
cf - skin friction coefficient
Sc - cross sectional area
SRef - reference area

The acciuracy of this method has not been checked for a wide range of con-
figurations. 1t was developed for ellipsoid type bodies which as a class of
shapes which have low cross sectional aspect ratios. The small number of com-
parisons is due to a lack of subsonic arbitrary body data. The lack of data
may, however, reflect a lack of interest in arbitrarily shaped subsonic con-
figurations. Further method validation and development is necessary.

For free stream Mach numbers greater than 1.4, the pressure drag is com-
puted using S/HABP methods. The nose, which is described by the user using
the nose tip and base cross section shapes; is broken up into quadralaterals.
The pressure coefficients on each of these panels 1is computed using the ACM
empirical equations for leeside panels and the Dahlem-Buck equatibns for wind-
ward panels (Reference 18). The pressure force on each panel is then com-
puted and resolvad into the axial force direction. The resulting axial force
is then nondimensionalized to compute the portion of the axial force coeffi-
cient which results from the pressure forces.
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The pressure forces are computed only for the nose in the arbitrary body
methods. This is because the body is assumed to be at zero degrees angle of
attack. - Since the centerbody sides are paraliel to the centerline, it uil}
not contribute pressure forces in the axial direction.

~ Comparison of the axial force coefficient results obtained using this
method with data showed an overprediction trend. The median of the predicted
values was found to be 25 percent above the data (Figure 36). Therefore, a
correction factor was applied to reduce the predicted axial force by 25 per-
cent,

3.2.2.2 Normal Force cgeféicient - The methods coded to predict the normal
force coefficients (C ) of arbitrary cross section shaped bodies are based
on slender body theory Methods have been coded to predict only the normal
‘force coefficient slope. The normal force at zerofang.e—of-attack is not

currently computed. Currently no methods are included to predict the viscous
contribution to normal force coefficient.

The accuracy of the selected method is based on the ability to accurately
evaluate the apparent area of the cross section at the base of the nose. A
modified method of Hess and Smith, (Reference 19) was used to calculate appar-
ent area. The nose cross section is divided into 100 segments, each with a
distributed source strength. The results of this method have been checked
against analytical solutions. With 100 test points the numerical results were
within three percent of the analytical results for all cross sections _except
thin vertical shapes. Figure 37 shows comparisons of the method used to the
analytical closed form so]utions for rounded shapes, and Figure 38 shows the
same comparisonS for flat sided shapes.

Once the apparent area of the cross section has been computed, the normal
force coefficient is computed from the equation:

Ny = 2 A
a
SRef
where: A' - - apparent area of base cross section of the nose

SRef - reference area
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T A k2 L a2(2 + @) ' 5.658 5.687 + 513

Az *walk « 22(2 + %) 5.658 5.687 + 513

NOTE: K = 1.8541, THE COMPLETE ELLIPTIC INTEGRAL OF MODULUS AR

FIGURE 37 COMPARISON OF ADDED MASS VALUES FOR VARIOUS ROUNDED CROSS SECTIONS
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The simplicity of this equation means that the value of normal force co-
efficient is Mach number independent and only a function of the nose base
cross section. However, there are some limitations placed on the configura-
tions for which accurate results can be obtained due to the methods basis in
slender body theory. Comparison with data have shown that the fineness ratio
of the nose should be greater than five. The aspect ratio of the cross sec-
tion:

ARc.s. = _ WIDTH 2

must be less than five. These two 1imiations keep the configuration from be-
coming too blunt or flat..

To calculate the contribution of the centerbody which includes the pres-
sure carryover from the nose an equivalent circular body method has been em—
ployed. An equivalent axisymmetric body radius is computed based on the maxi-
mum arbitrary body cross section. The relationship used is: '

SRer ™ "Teq

Using the value of reqf the ch of a. circular cone—cylinder configura-
tion with the same nose and centerbody fineness ratios as the arbitrary body
is computed using the Missile Datcom axisymmetric body metheds. This process
is out!iped in Figure 39 for a rounded triangular body. After the equivalent
cone—cy]inder'cqu is _computed, it is scaled based on the ratio of the ap-
parent areas of the arbitrary body to that of a cone. The equation that re-
sults is: |
CNgARB.BODY = A’ ARB.BODY CNg CONE/CYL
A' CONE '

The results of this method have been checked against data and the results
of a comparison with one extensive data base are presented in Figure 40. The
configurations in this data base were tested at five Mach numbers from 2.5 to

4.5. Figure 40 presents the error 1in the prediction of cN for each
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FIGURE 39 EXTENSION OF SLENDER BODY THEORY FOR NOSE/CENTERBODY
CONFIGURATIONS USING THE EQUIVALENT RADIUS

®CONE/CYL.
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configuration tested at a Mach number of 2.5. The worst case is the 2.5 to 1
horizontal ellipse with an error of 16.2 percent. From this figure it can be
seen that the accuracy is acceptable for preliminary design.

This method is considered conducive to preliminary design since it is both
quick running and allows for the body cross sections to be changed easily.
These features allow for the typés of parametric studies cqmmon]y performed in .
the preliminary design environment.

3.2.2.3 Pitching Moment Coefficient - As with the normal force, only the
1inear compcnent of the pitching moment {is computed. There are no methods
‘are 1nciuded for computing either zero angle of attack pitching moment or the
nonlinear component. '

The method incorporated into the code for computing Cmn is based on
the apparent area; A', calculation used to compute C~a. Using slender
body theory the value of Cmu is found from the integral equation.

base .

(;ma= __..2_...__ox-dA'
SpeflRef

nose

were c js measured about the nose tip.

Ma

This equation is automated by breaking the nose 'up into nine longitudinal
stations for which the appérent ‘corss-sectional areas are computed. The
cmn contribution of each segment is computed using the equation:

= 2

= ———— (Xcg - X§)(A4" - Aj-1)
SReflRef

i

67



where: Ald - apparent area of segments base cross section
A' - apparent area of segments front cross section

LR:;] - reference length (usually base diameter)
sRef - reference area (usually base area)

XCG - longitudinal center of gravity position
x1 - centroid of 1th_segment

The contributions of each segment to the nose Cmn is then summed.

The pitching moment curve slope value that is computed for the nose is
corrected to include the effect of an afterbody by using a method analogous
to the normal force curve slope correction. The method employed uses the com-
putation of an edu1va1ent axisymmetric body Cmn to provide the nose to
afterbody ratio of Cmu effects. Data comparisons of nose alone results
"have shown sufficient accuracy for preliminary design analysis.
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4.0 FIN ALONE METHOD SELECTIONS

The method summary for fin alone aerodynamics is shown in Figure 41. Un-
1ike the method selected for body alone aerodynamics, most of the subsonic/
transonic methods are theoretical or semiempirical. These types of methods
maximize the panel shapes that can be addressed. o

Table 2 summarizes the methods selected compared to those recommended in
the Feasibility Study. Note that most of the methods implemented are those.
recommended during the Feasib11ity Study. The three metnuds changed were due
to ease of use, extended capability, or additional accuracy through use of a
theoretical method.

Figure 42 indicates those fin method application areas as a'function of
Mach regime and panel shape. Note that the area with the most questionable or
1imited application is that of non-straight tapered fins. Although airfoil
section results are not genera11y available at supersonic speeds, this is not
a major problem area since the methods at these speeds assumed that the fins
are thin. Supersonic fins usually are thin to minimize drag;

The following paragraphs describe the method selections for straight
tapered and nonstraight tapered fin panels. '

4.1 FINS WITH STRAIGHT TAPER

There_aré far more methods for predicting the aerodynamics of straight
tapered fins than there are for other panel shapes. 'Thjs is particularily true
at transonic and supersonic speeds. In fact, there are more theoretical
methods for fins than for any other component of the configuration, and this
is probably due to the amount of work performed to analyze airplanes, parfi—
cularly commercial aircraft. |
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The following paragraphs describe the methods selected for'straight taper-
‘ed fins, typical of those used on conventional missile configurations. Note
that methods were selected which were applicable to panels with aspect ratios
from 0.5 to 4. Although panel aspect ratios greater than 4 have been predict-
ed with the selected methods yielding excellent results, they h&ve not been
verified for a wide variety of panels. Therefore, these methods can not be
used with a high degree of confidence for high aspect ratio panels.

4.1.1 Axial Force Coefficient

As with bodies alone, the axial force of a fin is assumed to be comprised
of a zero-1ift component and a component ﬁue to angle of attack. However fins
can be cambered, which can result in the zero-1ift component of axial force
not occuring at zero angle of attack. Therefore, the methods for fin alone
aerodynamics are more complex, and often require a method change as a function
of Mach number and angle of attack.

Figure 43 1l1lustrates the variation in fin drag (or axial force) at zero-
14ft. The subsonic pressure drag method assumes that it is almost 1nvar1ant'
to a Mach number of 1.05, and then linearily decréases to zero at Mach. 1.2.
Wave drag is assumed to begin at Mach 0.8, when local shocks first appear in
the flow, increasing to a maximum near Mach 1.05, where the flow 1is all
supersonic. Leading edge bluntness drag varies nearly monotonically across
the Mach spectrum.

4.1.1.1 Skin Friction - The skin friction of fins can be calculated using the
method described for body alone, except that a two-dimensional to three-dimen-
sional correction faétor to account for surface shape is not used. This is
due to the fact that the skin friction methods are based upon flat plate data
correlations and theory. A]thouﬁh experimental data for skin friction is dif-
ficult to obtain, the accuracy of the method used has been implied from numer-
ous correlations with axial force data across the Mach regime.

73



174

A: LINEAR VARIATION
B: POTENTIAL THEORY
C: DATCOM '

MACH NUMBER

FIGURE 43 FIN DRAG METHODS

o | . . LEADING EDGE
/T ~ " BLUNTNESS
A -
A ™~ -
_ /o | WAVE
/‘ A
0.80 1.05  1.20



4,1.1.2 Subsonic Pressure Drag - The subsonic assumption implies that no
shocks are present in the flow field region being analyzed. In the transonic
flow, a particular fin panel can have both subsonic and supersonic flow

occurring simultaneously over different portions of the panel. For bodies, it
was assumed the subsonic pressure drag was a function of the body length to
diameter ratio, and was correlated to the configuration skin friction coeffi-
clent. This scheme is used for fins as well, except that the correlation is
not based upon overall length, but rather the thickness to chord ratio.

4.1.1.3 Transonic Pressure/Wave Drag - This nomenclature is used for that
'portinn of fin drag which exists due to presence of shocklets in the flow
field. This occurs near Mach 0.8 and increases until the fin flow is entirely
supersonic (except perhaps blunted leading edges where shocklets may be pre-
sent at lower Mach numbers). The method used s a potential flow method,
(Reference 6), and is solved by calculating the potential flow about the fin
at Mach 1.05, and then linearily reducing that value as a function of Mach
number to zero at Mach 0.8. Although, K this approach is approximate, the re-
sults have been observed to give accuracies consistent with preliminary design.

4.1.1.4 Supersonic Wave Drag - The methods available for calculating fin
supersonic wave drég have been developed for thin airfoil sections. Correc-
tions are available to extrapolate the method to surfaces with small to mode-
rate thickness to chord ratios. The extrapolation 1is developed primarily

from experimental observations. The method selected was developed for the .
NSWC Aeroprediction code (Reference 29), where the surface of the fin is
transformed into a computational grid, and a potential flow solution is
applied. This method 1is very_powerfu'l, and permits the accurate calculation
of the drag characteristics of str‘a'lgh't—tapered surfaces, but has the dis-
advantage that no source or sink 1ine placed on the airfoil surface can be

swept forward; this condition is easily violated if the surface has a forward
swept trailing edge. Hence, both this method, and that from the U. S. Air
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Force DATCOM (Reference 30) which allows for swept forward trailing edges,
are incorporated into the computer code. The potential flow method is more
accurate than the DATCOM method. ' '

4.1.1.5 Leading Edge Bluntness Drag - The supersonic source/sink method
described in Section 4.1.1.4 has the capability to compute the effect of
spherically blunted leading and trailing edges on fin panels. At subsonic and
transonic speeds, however, there is no easy-to-apply accurate method avail-
able. Hence, the empirical correlation from the U.S. Air Force DATCOM, which
is a function of leading edge projected area, Mach number, and leading edge
sweepback was selected. There_ias insufficient data to completely evaluate
the accuracy of the technique, but 1t is believed to be sufficiently accurate
for missile preliminary design.

. 4.1.1.6 Base Drag - The method selected for fin base drag is based on two-
dimensional base drag data. This method could not be totally validated since
the base drag of fins is normally such a small contribution to total drag.
However, the data used in deriving the method is believed to be accurate and
since this component is small, it does not warrent a high degree of validation.

4,1;1.? Angle-of-Attack Effect - As mentioned earlier, the drag of a fin at
angle of attack has been extensively studied, both theoretically and empiri-
~cally, for afrcraft configurations. The method selected for Missile DATCOM is
that of the U. S. Air Force DATCOM. The'p1ot of drag versus 1ift is assumed
to have a parabolic shape and to be dependent of fin panel 1ift, airfoil sec-
tion shape, and aspect ratio efficiency (Oswald's efficiency). Resu]ts com-
puted using this method have agreed quite wel]lu1th experiment for a wide
variety of missile coqfiguraiions. However, the method seems to fail when the
angle of attack approaches 30 degrees; the drag due to 1ift curve shape de-
parts significantly from the parabolic shape. This method discrepancy becomes
more noticeable for missiles, where the reduired angle-of-attack range s much

' higher than for airplanes. It is recommended that a new method be developed
which addresses the higher angle-of-attack requirements of missiles.
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4,1.2 Normal Force and Pitching Moment Coefficient

Figure 44 1llustrates the method used to compute fin normal force as a
function of angle of attack and Mach number. The normal force 1s, analagous
to that for bodies alone. It is assumed to be comprised of a potential and a
nonlinear contribution:

where,
CNP = cH«fin(n)
and
2
CHN = °N¢451“ (a)

The potential normal force is computed from the fin panel Cra’ which
is Mach dependent. The noniinear effect is analagous to the viscous effect
for bodies, except that it is assumed to be a stall or post stall effect. An
alternate method considered uses a "true" viscous model where the effect of
angle-of-attack is assumed to be is obtained at 90 degrees angle of attack,
adjusting for cfoss'f1ow Mach number. ‘This idea was not implemented since it

ignores the effect of stall.

A key input 1into the ang?e-of—attack'analysis is the angle of attack for
stall and shock detachment. As shown in Figure 44, the method used is depen-
dent on Mach number, angle-of-attack, the airfoil's thickness to chord ratio,
and 1ift. : ' ' -

4.1.2.1 Airfoil Section Characteristics - At subsonic and transonic speeds,

the airfoil section characteristics are required in order to accurately model
fin panel 1ift and drag. The method selected for incorporation into the com-
puter code 1is the Airfoil Section Module from the Digital DATCOM computer
code, which is used for the prediction of aircraft aerodynamics. It has been
validated for a wide variety of airfoil shapes and is a relatively simple
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technique to apply. However, it 1s not amenable to hand calculation, and the
Handbook user must rely upon data from an airfoil section handbook to obtain
the airfoil's aerodynamic characteristics. The airfoil section characteris-
tics of the fins are not required at supersonic speeds, since those methods
assume thin airfoils, and a limited correction for thickness to chord ratio is
used.

4.1.2.2 Potential Normal Force and Pitching Moment Coefficient - Since the
potential pitching moment coefficient is computed using the potential normal
force coefficient, it is important that the potential normal force be as accu-
rate as possible. In order to insure accuracy over the greatest range of
planform shapes, results from theoretical methods were selected if possible at
aln Mach numbers. At subsonic speeds, the most reliable method is the Lowry-
Pothamus correlation for straight tapered surfaces {Reference 31). It 1is a
theoretical method which had beeh adjusted to correlate with experimental
data. It has been validated over a wide range of panel aspect ratios, down to
zn aspect ratio of one half. Its accuracy is unknown for aspect ratios
smaller than 0.5; no upper 1imit has been noted in the methoed validation.

At transonic speeds, the only theoretical results available are those
from the R.A.S. data sheets (Reference 32). The curves from the R.A.S. com-
pendium represent results for panels with asbect ratios that cannot be accu-
rately evaluated in the transonic regime, but are "best® estimates based upon
experimental data results. To use a true theoretical method at transonic
speeds would bg cost prohibitive, hence an interpolation of this data base is
the best compromise of cost and accuracy. The predictions coincide with the-
oretical results at both subsonic and supersonic speeds for method compat-
ibility. '

At supersonic speeds, éuperson1c wing theory was selected. The results

have been shown to be accurate for a wide range of thin wings which makes the
method a powerful missile aerodynamic prediction tool.
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4.1.2.3 Norlinear Normal_Force and Pitching Moment Coefficient - The non-
l1inear variation in normal force 4s based upon the method of the U.S. Air
Force DATCOM. The method is an empirical correlation for wing normal force
coeffitient with angle-of-attack for a wide variety of wing shapes. Although
the form of the method is the same at all speeds, the phenomena modeled are
quite different. At subsonic speeds, the wing stall angle of attack and wing
maximum 1ift coefficient (at stall) are required; these are obtained using
the U.S. Air Force DATCOM methods as well. The stall characteristics dominate
the post stall behavior of the wing 1ift coefficient. Since this post stall
behavior 1s based upon empirical data correlations for "typical™ subsonic

airfoils, the characteristic shape of the wing stall will not necessarily be
that experienced for thin, missile airfoils. Since no other method is

readily available, this method was selected. Beyond stall, the wing 1ift for
missile wings closely follows results typical of aircraft.

At supersonic speeds, the concept of stall 1is not directly applicable.
Instead, the wing 1ift will vary almost linearily until the angle-of-attack is
great enough for the leading edge shock to become detached. The shock detach-
ment angle of attack is a function of the Mach number and the semi-apex angle
of the airfoil leading edge. Above shock detachment, the U.S. Air Force DAT-
COM methods for wing 11ft variation is used. The shock detachment angle is
determined using the DATCOM method. |

At transonic speeds there is no suitable method for determining the angle
of attack for which wing 1ift no longer remains linear. An approximate method
was implemented. It assumes that the maximum 1ift angle of attack in shock-
free flow (subsonic speeds) and the sﬁock detachment angle of attack (at
supersonic speeds) can be linearily interpolated as a function of Mach number
at transonic speeds. Results obtained using this procedure have been found to
. have adequate accuracy for preliminary design.

Figure 45 presents the range of planform shapes and Mach numbers used in

the validation of fin alone normal force methods. The aspect ratios investi-
gated where from 0.5 to 4.0, the taper ratios from 0.0 to 1.0, and the Mach
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numbers from 0.80 to 4.60. Typical results are shown in Figure 46 for an as-
pect ratio 0.5 panel with a nonswept trailing edge. The four Mach numbers
shown include a subsonic/transonic, a low supersonic, and two supersonic con-
ditions. Up to 30° angle of attack, the prediction method follows the ex-
perimental data closely. Similar results were obtained for all of the fin

panels i1lustrated in Figure 45.

The potential pitching moment is computed using the linear center of pres-
sure, which was obtained using theoretical methods similar to those used for
normal force coefficient. The nonlinear center of pressure was assumed to be
at the panel area centroid at 90 angle of attack for all speeds. Thé
center of pressure was assumed to vary linearily as a function of angle-of-
attack from the linear center of pressure at zero angle of attack to the area
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centroid at 90° angle of attack. This method 4is an engineering approxima-
tion since no theoretical method which can be easily applied is available.

4.1.3 Lateral-Directional Coefficients

Specific methods for computing the lateral-directional characteristics of fin
panels alone were not selected for application in Missile DATCOM. The
lateral-directional coefficients are computed for complete configurations
using a concept called the "equivalent angle-of-attack" method which uses the
panel normal force anq center of pressure normal to the panel. This is ad-
jﬁsted to account for panel deflection and roll angle about the fuselage.
.This method yields the pranel loads normal to the panels wh{ch are then re-
solved into body axis components. Theréfore. in the calculation of configura-
tion normal force and pitching moment, the loads for computing side force,
yawing moment, and rolling moment are directly avaiiaﬁle. This method, does
not require another method dedicated to the calculation of lateral-directional
coefficients. '

4.2 FINS WITH NON-STRAIGHT TAPER

The methods for non-straight tapered fins are essentially those for straight
tapered fins. The exceptions are the calcuation of normal force coefficient
and aerodynamic center.

For normal force and normal-force-curve slope, an effective straight
tapered panel 1is computed. This effective panel has the same aspect ratio
anﬂ taper ratio as the'honstraight panel but uses an effective half-chord,
sweep angle. This angle is computed as:

v —

n
CDS(AC/Q}eff = z cos(Ac/2) i SF,‘
i=1



where N is the number of panel segments

SF - {s the total panel area
(Ac/?}1 is the half-chord sweep angle of each panel segment
S is the area of each panel segment.

Fi

Normal force and normal-force-curve slope coefficients are then computed using
this effective straight-tapered panel.

To compute the panel aerodynahic center for nonsiraight tapered fins, the
‘fin is divided into two fin panels. The 1ndividual 11ft and aerodynamic
center for each panel are then used to establish the aerodynamic center for
the complete fins.
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5.0 INLET METHODS

The inlet methods incorporated intec Missile DATCOM are designed to provide
the capability to analyze the external aerodynamics of general inlet gecme-
tries without the need for complex inputs. This capability had been developed
in a pilot program written by Krieger, Williams and Hood (Reference n.

The pilot program was restricted to the analysis. of axisymmetric and 2-D
inlets operating on vehicles flying at supersonic speeds. Only the external
forces on the inlet are predicted and the assumption is made that the inlet is
operating at its design mass flow. No Spil) drag or body inlet interference
effects were included in the methods.

This pilot program was used as the basis for the Missile DATCOM methods.
No methods were identified that provided accurate subsonic or transonic pre-
dictions. As a result; no capability to analyze finlets operating in subsonic
or transonic flow was incorporated 1nto H1ssi1e DATCOM. '

The contributions of the inlets to the full configuration aerodynamics are
treated as incramental additions. Up to four axisywnétric or 2-D 1inlets
mounted on diverters can be positioned around the missile body at user-defined
roll angles. The contribution of the body surface covere! by the diverter
is subtracted from the body coefficients in which it had been included. Both
the skin friction and pressure forces are accounted fdr on the surfaces of the
inlet. No other body-inlet interference effec;s are included.

5.1 METHODOLOGY USED
The inlet and diverter geometries are 4input separately in a coordinate
system attached to the inlet. This process is shown as steps 1 and 2 of

Figure 47. Figure 47 describes the process by which the inlet model is con-
structed and then its position is located relative to the body.
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Once the inlet and diverter geometries have been described, a panel model
of them is created. This model consists of S/HABP quadralaterals constructed
by geometry package described in Reference 37. The corner points of the quad-
rilaterals are defined using the inlet diverter inputs. A description of
these inputs and assumptions made by the code are included in Volume 1 of the
Misile DATCOM User's Manual. The paneled geometries are shown in Figure 48,
The axisymmetric inlets are paneled circumferentially while the 2-0 inlets are
constructed of longitudinal panels. Both are attached to a diverter which is
attached to the missile body. -

The coefficient contributions resulting from the surfaces of the diverter
that attach to either the inlet or the missile body are subtracted out of the
aerodynamic calculations when the inlet increments are computed. This is done
to negate the contributions compuied for the hidden surfaces of the inlet and
body.

A single inlet is constructed in the horizontal poéition then transformed
into the body axis system. This process 1includes the rotation of the inlet
about the body centerline and the reflection of the inlet through the vertical
plane if twin inlets have been prescribed. Special consideration is given to
twin inlets that are input at a rotated position of 90 degrees. For this con-
figuration, the two inlets are placed on the top and bottom of the body.

Aftef the quadrilaterals are transformed, their outward normals are com-
puted. The angle between the outward'normais'ahd the free stream velocity
vector is determined. This is used to compute the impact angle of the free
stream velocity on each panel. The pressure coefficient is then computed for
each panel individually based on the impact angle. For windward 1mpact'ang1es
the Dahlem-Buck equation is used, while for leeward panels the ACM empirical
equation is used. These two equations are described in Reference 18 including
a plot of their values with variation in impact angle. The'pressure forces on
the inlets are computed by muitiplying the area, the pressure coefficient and
the unit vector of each quadrilateral then adding the product to obtain the
total aerodynamic coefficient. The panel moment arm about its reference
center of gravity is included in the product for pitching moment coefficient.
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The skin friction component of the inlet forces is accounted for by com-
puting the average skin fr1ction_coeff1cient for an equivalent flat plate hav-
ing equal length and area of the inlet. The method of Van Driest Il is used
for the skin friction coefficient. The resulting shear force is then correct-
ed for three dimensional effects. Skin friction effects are only included in
the axfal force coefficients.

5.2 RESULTS AND IMPROVEMENTS

The inlet method's prediction capabilities were checked against a data
base which includes four axisymmetric inlet configurations and four two-dimen-
sfonal inlet configurations. This data base ‘s documented in References 38
and 39. Comparisons were made for all eight configurations at flight Mach
numbers of 2.5 and 3.95. The inlets were cdesigned to operate at a Mach number
of 3.00. An oil flow analysis of the inlets, reported in Reference 40, con-
cluded that the axisymmetric inlet was unstarted a:. Mach 2.5 which agrees with
the design operation conditions. '

The c“ comparisons showed good agreement at both Mach numbers and for
all configuratfons. Figure 49 shows a representative data comparison. It
presents the comparisons for the twin axisymmetric configuration at Mach 2.5.
The clo values were found tolbe accentable for the higher Mach numbers and

must lower Mach numbers, but the change in C, with angle of attack was

underpredicted for most cases, The pitching mo:ent prediction accuracy was
found to be very dependent on Mach number. The higher Mach number comparisons
were good (Table 3). However, at the lower Mach number of 2 5 the predictions
were very poor. Figure 49 shows a comparison u1th data that fails to match

both tie magnitude and trend of the data.

The results of these data compurisons indicate that the inlet methods are
acceptable for supersonic Mach numbers but oniy marginally for ‘ow supersonic
Mach numbers. The pour predictions at the low Mach numbers are explainable by
the fact that the inlet methods do not include shocks, vortices or the ef.ects
of the body flow field. The poor pitching moment comparisons combined with
the good normal force predictions indicated a local pressure distribution
-protlem. A need for improved inlet methods is evident. '
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TABLE 3 COMPARISON OF STATIC COEFFICIENTS FOR BODY WITH
2-D INLET AT MACH = 3.95

16

N M CA

_ ~ MISSILE ' MISSILE MISSILE

ALPHA EXPERTMENTAL DATCOM EXPERIMENTAL DATCOM EXPERTMENTAL DATCOM
0o 0.0 -0.088 0.2 © -1.544 .29 0.213

5 0.4 . 0.360 0.6 0.072 .31 0.208
10 1.4 1 138 1.4 1.327 BT 0.204
15 25 2.489 2.1 2.658 51 0.205
20 3.8 ' 3.780 3.5 3.830 .60 0.204




6.0 CONFIGURATION SYNTHESIS

The purpose of configuration synthesis is to take the body and fin alone
'aerodynamic_Eharacteristics and combine them to obtain th~ total configuration
aerodynamic characteristics. There are many ways to synthesize a configura-
tion. The most common approach is to take the panel alone normal force co-
efficient, multiply 1t by a carryover interference factor, obtained using
slender body theory, and then add the result to the body alone normal force.
This can be represented mathematically, for a fin-body configuration, as: |

Chre = ng * (ke a(r) IonF

The disadvantage of this method is that it assumes that the angle of
attack range to be analyzed 1is within the linear 1ift range and that the
panels are in the plarar (or +) orientation. It bhas been customarily used at
anjles of attack uhere-non]iraarll1ft effects occur. But with a significant
overprediction of the total configuration characteristics. Hence, it {is not
completely suitable for missile applications whore the angle of attack regime
required is above 20°.

An alternative approach, and that selected for use in Missile DnTCDH.Iis
the "equivalent angle of attack method" developed by Nielsen, et al (Reference
43). This method assumes tha* the panel loading for a given panel angle-of-
attack is unigue. With this method the panel angle of attack is computed in-
cluding the effect of panel roll orientation w1tH respect to the free stream
velocity veztor, panel proximity to the fuselage or to bther'panels, and ex-
ternal vortex flow field effects. Then the isolated panel characteristics are-
interpolated at the panel equivalent angle of attack to yield the panel load
when mounted on a body in combination with other surfaces.

This concept works extreme1y'ué1}. 1t 1nherently includes the_non11near

panel loading with angle-of-attack, from the fsolated panel characteristics
- and makes the synthesis of the rnmplete configuration aerodynamics an easy to
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apply process. The difficult task is the computation of the panel equivalent
angle-of-attack, but this is greatly simplified since most of the methodology
is directly derived from the original method described above.

Figures 50 and 51 41llustrate the relative importance of component inter-
ference on total configuration aerodynamics. These figures demonstrate tihat
the body, 1ifting surfaces, and carryo#er interference effects (neglecting the
influence of vortices) tend to overpredict configuration normal force by 15
percent'. The effect of body and wing vortices on the tall surfaces are to
reduce total normal force, since they decrease t'he tail surface local angle-
of -attack. ' -

Figure 52 surlmar‘llzes the mthods selected for configuration synthesis of
- missile configurations. Note.that only the body vortex strength and tracking
"methods are empirically based; this is due to the complexity of this phenome-
non and the ready avaﬂabth'y of data correlations for a wide range of mis-
sile body shapes. Table 4 'sur.'maﬂzes the method differences between those
selected from the Feasibility Study and those eventually incorporated into the
mathods compendium, and Figure 53 {llustrates the apthabthy of the compo-
nent build up methods. The carryover interference method originally selected
were those documented in NACA 1307 {Reference 44); they were replaced by the
AIAA Journal methods (References 45-47) since they are (1) closed form solu-
tions as a function of afterbody length (which was not included in the origi-
nal reference) and (2) adjusted to account for panel trailing-edge sweep
(wh1ch'the original metho_d' did not address). The panel-panel interference
correlation developed by Nielsen was retained for use, but is limited to
planar or cruciform fin panels; it is not applicable to multi-paneled shapes
or for fin sets where the fins are not 90° or 180° apart. The multi-fin
method proposed by Darling (Reference 48) is not approp‘!até for the "equiva-
Jent angle of attack method" and was not incorporated. Instead Nielsen's
method has been extended to fin sets with three or more fins by mapping the
" fins adjacent to the panel being analyzed intc a four fin geometry.
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Panel/Panel
Mult-fin

Fin gaps

Body shape

Body vortices

Fin vortices

Synthesis approach

TABLE 4 SYNTHESIS METHODS

FEASIBILITY STUDY

NACA 1307

Nielsen (Ref. 52)
Darling (Ref. 48)

{None)
Krieger (Ref. 35).
Nielsen (Pef. 52)

NACA-1307

aeq/Nielsen (Ref. 43)

SELECTED METHOD

NACA 1307/AIAA J.
(Rel. 44-47)
Nielsen

(None)

(None)

(New method)(Ret. 53)

Nivlsen

NACA-1307/modified

agq/New (Ref. 51)

REASON FOR CHANGE
Enhanced method

(No change)
Not appropriate for

- aeq

(No change)

Msthod developed for
bettsr accuracy
Too kmited in scope

(No change)

Add “viscous core”
maodel

Better accuracy by
not using empirical
data for fin loads
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FIGURE 53 COMPONENT BUILD-UP APPLICABILITY

No methods were selected for the effect of fin gaps since those influences
have been demonstrated to be small.  Some available experimental data indi-
cates that the resulting error is less than 10 percert of the configuration
normal force coefficient.' There are currently no methods that enable the cal-
culation of this effect for a wide range of fin panels; the limited empirical
data correlations cannot be extended to handle a wide var{ety of fin-body com-
binations that one uoulq experience in the miscile design environment. There-
fore, no method is fincluded to predictl the effect of fin panel "unporting”
although a methods developmeént task should be undertaken to correct this de-
ficiency.

The accuracy of the methodﬁ implemented were demonstrated by comparison to
the configurations shown in Figure 54. 'As shown in Figires -55 and 56, the
predictive accuracy of the ﬂmthods is excellent. Note that'predictive accu-
racy was determined by comparing the prediction to test data and then applying
the accuracy criteria defined in Figure 5,
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6.1 EQUIVALENT ANGLE OF ATTACK

The advantage of the equivalent angle-of-attack method is that the aero-
dynamics for isolated fin panels, including any nonlinearities, are used in
the prediction of total configuration aerodynamics. ‘The isolated fin panel
data 1is 1interpolated using the fin local, or equivalent angle-of-attack. This
angle-of-attack includes the effect of fin deflection, presence of a body,
presence of adjacent fin panels, fin roll angle position about the body, and
any external vortices. The accuracy of this method is illustrated in Figure
57. The panel loads for a fin are plotted versus roil angle (measured from
top vertical center) at two angles of attack. These plots show excellent pre-
dictions even 1n the transonic regime using the equivalent angle of attack
method.
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6.2 CARRYOVER INTERFERENCE

Carryover interference accounts for the change in panel angle of attack
due to the presence of a body, since the body produces a flow field which
varies across the fin span. The method selected for Missile GATCOM are those
developed in NACA 1307 {Rcference 44). They have been modified to reflect
" empirical corrections due to fin trailing-edge sweep, since the NACA 1307
methods are for nonswept trailing-edge panels. The carryover interference
due to angle-of-attack method employed at supersonic speeds are those develop-
ed by Fan and Vira, Reference 46. They 1include the effect of fin afterbody
length, The methods are a collection of closed-form equations which reproduce
the NACA 1307 results for no afterbody and full afterbody.

The effect of panel incidence on carryover interference are exactly those
developed in NACA 1307. No other method was found that enables the prediction
of this effect other than empirical data correlations.

The effect of ro'l angle (combined pitch and yaw angle-of-attack) are com-
puted using the method developed by Nielsen (Reference 43) from slender body
theory. Unfortunately, the methed addresses only planar or cruciform fin
panel's. Although one cou1d interpotlate between the p1anaf and cruciform re-
sults to model equally spaced triform fin arrangements, other fin combinations
are not addressed. A method should be developed to accommodate these types of
general fin arrangements, |

There is need for further method development of an angle-of-attack correc-
~tion to body-wing carry-over for geometries where the body is dominant (Refer-
ence 50). This 15'111ustrated in Figure 57 which show. normal force coeffi-
cient in presence of the body versus angle-of-attack for various aspect
ratios and body radius tn span ratios (Reference 50). This figure 11lustrates
that the error increases with a decrease in aspect ratio, and decreases with a
" decrease in body radius to span ratio.
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6.3 VORTEX TRACKING ANO STRENGTH

Two vortex sources are included in the Missile Datcom znalysis of the com—
plete configuration aerodynamics. These are (1) vortices which are shed from
the body nose, and (2) vortices that are shed from any forward 1ifting sur-
faces. Methods for vortices which originate from the afterbody have not been
included. This was done to simplify the analysis since complex flow calcula-
tions are required to adequately model these vortices. The influence of these
vortices on aft mounted fin panels are minor and can be ignored in pre1im1qary
missile design. It 1{s hoped that an easy to apply technique will be develop-
ed to completely mode) the vortices remaining in the flow field.

6.3.1 Body Vortices

The body vortices are tracked using a method developed by Nielsen, et.al.
(Reference 51). It relies upbn an extensive empirical correlation, and has
been observed to be adequate for preliminary design. The strength of the
vortices are computed using thé,11ft generated by the body.

6.3.2 Lifting Surface Yortices

The fin vortices are computed using the methods outlined in the U.S. Air
Force DATCOM. The vortices are tracked assumming that they follow the path of
thclfree stream velocity vector. This technique showed good predictions ex-
cept when the vortex core generated by a forward fin impinged uposn an aft
fin. A new model was developed which established a vortex core radius of .255
of the fin span generating the vortex. The vortex is then tracked along the
free stream unless it impinges on a trailing fin,in which case it is offset by
the core radius. Figure 58 shows the improvement of this method over the
original method. The vortex strength is computed from the fin 1ift. Note
that fin 1ift is dependeqt upon panel local angle of attack, which in turn is
~ dependent upon any external vortices. Hence, in order to accurately compute
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panel 1ift, and, 'vortex strength, the panel loads for each panel on the con-
figuration must be calculated s'tartiug from the nose or the vehicle and work-
ing aft. Therefore, the effect of vortices originating ahead of a fin set is
included in the :al_cu'laﬁén of that fin sat's equivalent angle of attack.

GOMILLION B-W-T, ‘X' CONFIGURATION

PITCHING MOMENT COEFFICIENT
]

-12 — ' — ; : . —
-8 -4 0 4 8 12 1 20 24 28 32
ANGLE OF ATTACK. DEG

FIGURE 58 EFFECT OF NEW VORTEX CORE MODEL
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7.0 DYNAMIC DERIVATIVE HETHUﬁ SELECTION

This section summarizes the methods selected for dynamic derivatives. It
is divided into three parts: bodv alone methods, fin alone methods and con-
figuration synthesis. Each section is further subdivided by coefficient.

The available methodé'iogws are for conventional missile shapes at low
angle of attack. The methods were not as numerous as those for the static
ceefficients, and no methods were found that specifically address the effect
of body incidence. Longitudinal d'ynamc. derivative methods for both body-4 and
fin-alone, and Magnus coefficient methods for body alone were selected.
Figure 59 summarizes tie methods selected. '

7.1 BODY ALONE

The available body-alone methodology suitable for preliminary design is
derived from slender body theory, or correlations of large amounts of test
data. The large effects of viscosity over slender bodies at anything but
small angles of attack make slender body results applicable only in the linear
angle-of-attack range. Althou. h viscous effects such as boundary layer tran-
sition have been shown to have significant effects on dynamic stability, the
mathematical complexity involved in these solutions renders them unsuitable
for preliminary de's‘lgn. '

7.1.1 Normal Force Due to Pitch Rate

 The method selected is that of the United States Afr Force Stability and
Control DATCOM. The method used subsonically, transonically and super-
sonically were derived from slender body theory. Also there is a hypersonic
method derived from simple Newtonian theory.
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7.1.2 Pitching Moment Due to Pitch Rate

As recommended in the Missile DATCOM Feasibility Report, the method of
Ericsson was chosen (Reference 54). Ericsson extended the simple slencer body
theory and Newtonian theory to more properly account for Mach number. Tha
" method computes the total damping in pitch derivative € + cm& These
© two are computed as their sum in both the handbook and thé computer code.
Figure 60 shows good comparisons for body alone pitch damping. For the hand-
book a 1less mathematicaily intensive method than that of Reference 55 was
chosen to compute c supersonically. The method 1s that of DATCOM for
supersonic body a'loneqc 1f C alone and not the total pitch damping
derivative is desired the‘ method o? DATCOM may be used in all Mach regimes.
For hypersonic Mach numbers, the method of DATCOM was selected which applies
simple Newtonian theory to calculate cm of cones with or without spherical
nose caps and conic frustums. 1

7.1.3 Normal Force Due to Rate of Change of Angle of Attack

The methnd chcsen is that of DATCOM which was derived usinq slender Body
theory. This method 1s applicable to all Mach regimes.

7.1.4 Pitching Moment Due to Rate of Change of Angle of Attack

As mentioned in Section 7.1.2, the method selected is that of Ericsson
which gives the total damping in pitch derivative C + c For the
handbook, a different method was selected for Mach number‘; greater than one,
~ which is better suited for hand calculations. The method is that of DATCOM
for body alone Cm If Cm alone 1is desired and not the total piltch
damping derivative the method of DATCOM may b2 used in all Mach regimes.

7.1.5 Side force Due to Roll Rate

An empirical method was selected from Reference 56. The Imethod is derived
_from wind tunnel and ballistic range test on spin stabilized projectiles.
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This method is good for bodies whose length is between 2.5 and 10 calibers,
whose nose length is between 1.2 to 5.5 calibers and whose boattail length is
between 0 to 1 caliber.

7.1.6 Yawing Moment Due to Roll Rate

The method selected, which gives Cnp/sina. is an empirical method
based on wind tunnel and ballistic range test of spin stabilized projectiles
(Reference 56).  Caution should be taken using this method since Cn .5ina
versus sina does not continue to behave in polynominal fashior &t higher
angles of attack (see Figure 61). This method should not be applied beyond
the second positive maximum (counting the one at a=0 as the first). Addi-
tional limitations on this method are 1isted in Section 7.1.5.

7.1.7 Rolling Moment Due to Roll Rate

The roll damping derivative method selected is that of Reference 57. The
method is empirical .and was derived from correlations of wind tunnel and
baliistic range test. Limitations on this method are listed in Section 7.1.5.

Cpp/sina : , —

sina

FIGURE 61 LIMIT OF YAWING MOMENT DUE TO ROLL RATE METHOD
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7.2 FIN ALONE

The only available methods suitable for use in Missile DATCOM to compute
fin alone dynamic derivatives are the methods of the United States Air Force
Stability and Control DATCOM. The methods are based on 1ifting surface theory
for subsonic speeds and on linearized theory for supersonic speeds. The
methods are thus limited to conditions for which the flow .s attached over the
surface of the fin, 1.e., the linear 1ift range. These methods were developed
for airplanes which generally have larger aspect ratio 1ifting surfaces.
~ There are some 1imits on AR (where is the Mach similarity factor) for the
supersonic methods. In the supersonic regime the methods were developed for
beta times aspect ratio greater than four. For typical missile aspect ratios
at low supersonic Mach numbers beta times aspect ratio is commonly less than
" four. For sample cases, however, the';rends_beyohd~th1s 1imit look reason-
able. However the accuracy of this method for lower aspect ratios cannot be
determined because only a small amount of experimental data is available, and
that data is for subsonic Mach numbers. '

7.2.1 Normal Force and Pitching Mcment Due to Pitch Rate

The methods selected are from DATCOM. The method used depends upon Mach
regime and planform geometry. In the transonic regime a linear fairing fis
used between the value of the coefficient at Mach equal to 0.8 and 1.2.
Supersonically, when the Iedding edge is subsonic, there are methods for fins
with tapér ratio of 0 or taper ration between 0.25 and 1, there are no methods
for tapef ratio between 0 and 9.25. In the computer code a linear fairing is
used between the value of the coefficient at a taper ratio of 0 and of .0.25.
There are separate methods for subsonic and supersonic leading edges. During
the method change over when the leading edge is soni: or slightly higher the
methods do not match, and the supersonic leading edge method ylelds unrealis-
tic results. ' |

N0



7.2.2 Normal Force ;nd Pitching Homﬁnt Due to Rate of Change of Angle or
Attack

The metho&s selected are from DATCOM. The subsoric method is applicable
to fins with triaagular planforms. Supersonically, when the fin has a sub-
sonic leading edge, there are no metheds for taper ratio between 0 and 0.25;
methods are available for a taper ratio of 0 and taper ratios between 0.25 and
1. Supersonically when the fin has a supersonic leading edge, the computer
code uses a table leok-up on design charts to compute these coefficients.

7.3 CONFISURATION SYNTHESIS

Configuration synthesis is done by determining the contribution of each
component using the body alcne and fin-alone melthods previously discussed.
The contribution of each fin to a fin set is determined by taking iato account
the fin's position on the body. The contribution of each fin is then summed
to compute the contribution of a fin set. Body on fin and fin on body inter-
ference factors are computed using slender bcay theory.  Thern the coefficient
for the total configuration is the body contribution plus the product of the
Interference factor and the fin set contribution.

Figures 62 and 62 show comparisons of two configurations. Thz Sidewinder
comparisons (Figure 62) for the body-canard-tail in "+" configuration show
errors between 19 and 27 percent. Both the body tail configurations {Finner
and Sidewinder) over predict damping n pitch. The error for the sidewindger
body-tail configuration ranges from 8.6 to 20 percent. '
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8.0 COMPUTER PROGRAM

The Missile DATCOM computer code was written in ANSI FORTRAN using struc-
- tured programming techniques including in-code documentation. Input to the
code is accomplished by namelist inputs and control cards that are read by a
namelist emulator which is part of the code. The namelist, emulator was
developed because not all machines have FORTRAN namelist and the code is not
easily converted to fixed field inputs. Once read, the inputs are checked for
valid variables and major errors. If an input error is found, a diagnostic
message is written to the output file describing what the error is and where
it is.

The computer code can be run either in “un-overlayed* or in "overlayed"
mode. In “un-overlayed" mode, the required core memory is approximately
277,000 octal words on CDC machines. If the program is "overlayed" the core
requirement on COC machines is 76,000 octal words. On the virtual memory VAX
machine the core requirement is 735,744 bytes. The code can be easily con-
verted from FORTRAN IV to FORTRAN V. The user is referred to Volume 2 of the
Program User's Guide for more details.

The computer code was developed in parallel with the handbooks. Most of
the methods in the handbooks are incorporated into the computer code. In some
instances a more accurate but mathematically more-intensive method was in-
corporated into the code. ' '

The methods selected were coded into individual subroutines or in the case
of complex methods into a group of subroutines called method modules. To re-
- place a method, a new method is coded into a subroutine and inserted in place
of the old subroutine. 1In the case of method modules the substitition is a
1ittle more complex but is still easily accomplished. Because the code was
developed using top-down design, most of the control logic is in the upper
level of the code and would not require a change.
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The computer code also has two ardditional capabilities which allow for
more detailed analysis of a configuration, experimental data substitution and
configuration incremerting.

Experimental data substitution allows the user to input experimental data
for any part of the configuration (body, fin set 1, etc.) or any partial con-
_ figuratioh (body + 1 fin set, etc.). For example the user may input body
alone experimental data and/or body + 1 fin set experimental data for a con-
figuration having a body + 2 fin sets. The experimental data is substituted
into the appropriate common block and replaces the computed theoretical co-
efficients. The substutited coefficients are then used in configuration syn-
thesis. ' '

Configuration incrementing allows the user to input experimental data for
a configuration in the first case of a run and then vary some components of
the configuration. In subsequent cases, correction factors are applied to the
static aerodynamic coefficients. When incrementing all cases of a run must be
for the same configuration {1.e.,'1f the first case 1s a body + 1 fin set then
the following case must also be a body + 1 fin set). In the first case, ex-
~ perimental data is substituted for the configuration being run. Comparisons
are then made between the experimental and theoretical coefficients, and
correction terms are calculated. In subsequent cases of that run, the correc-
tion factors are used to increment the theoretical coefficients of the con-
" figuration. '
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