
MAE 6530 - Propulsion Systems II

• Engine operates at a free stream Mach number, M∞ = 0.85
• Cruise Altitude is in the stratosphere, 11 km so T∞ = 216.65 K (11 km altitude).
• The design turbine inlet temperature, T04 = 1750 oC 
• The design compressor ratio, pc = 15 . 
• Relevant area ratios are A2 /A*

4 = 8 and A2/A1throat = 1.5. 
• Inlet throat area A1Throat = 40 cm2

• Assume the compressor, burner and turbine all operate ideally. 
• Converging/Diverging type Nozzle with choked throat
• Stagnation pressure losses due to wall friction in the inlet and nozzle are negligible. 
à CALCULATE
à a) air fuel ratio, for hf = 50 MJ/kg
à Compressor Massflow and M2 at compressor face
à b) Optimal Nozzle Expansion Ratio, Normalized thrust and Isp
à c) Velocity ratio across Engine Vexit/V∞
à d) Mach number at diffuser throat, M1throat
à e) Inlet capture area
à f) Total Thrust, Isp, TSFC
à Propulsive, Thermal, and Total Efficiency

Turbojet, Matching Example
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Freestream Conditions

→
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Reference Conditions

τr =
T0∞
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=1.1445

τ f =
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Compressor & Inlet Conditions

f M2( )= M2
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Compressor & Inlet Conditions (2)
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Compressor & Inlet Conditions (2)

38.961 cm2

40 cm2

!m
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• Calculate the Stagnation Pressure Ratio Across Engine

• Calculate the Exit Stagnation Pressure

End-to-End Conditions
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• Calculate the Exit Plane Mach Number  (Optimal Nozzle, pexit = p∞)

End-to-End Conditions

8
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• Calculate the Stagnation Temperature Ratio Across Engine

• Calculate the Temperature Ratio Across Engine
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End-to-End Conditions
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Thrust

T = 2⋅γ
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•	Normalized	Thrust

•	Total	Thrust

=	4.66363

F =T ⋅ p∞⋅ ⋅ A∞ =

=411.485	N
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Specific Impulse
•	Normalized	Isp

•	Total	Isp

•	Thrust	Specific	Fuel	Consumption

I=T ⋅ f
γ ⋅M∞

=

Isp = I ⋅
c∞
g0
=

seconds

TSFC = 1
I
sp
⋅ g0

=
kg/N-sec
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N − sec ⋅2.204

lbm
kg

⋅4.44951 N
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⋅3600 sec
hr

=35,304.1 lbm
lbf −hr
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I
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×35,304.1 lbm
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= lbm
lbf −hr
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Summary of Results
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Efficiencies
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Optimal Compression Ratio
àAssuming the same combustor outlet temperature and inlet throat area as 

previous example
à At what compressor demand pc do we get the optimal Thrust level
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Questions??


